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ATTITUDE CONTROL SYSTEM OF RECOVERABLE
EARTH-ORIENTING TECHNOLOGY TESTING SATELLITES
AND SOME FLIGHT TESTING RESULTS

Yang Jiachi, Zhang Guofu, Sun Chenggi, Feng Xueyi
and Niu VYinsheng¥*
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ABSTRACT

In 1970, three recoverable technology testing satellites,
germitting orientation of observatory with resrect to the

earth, were successfully launched, onerated in orbit and
recovered., This paper reviews the three-axis stabilized

attitude control system used in these satellites, including

its ccmposition, function and consideraticons of selecting

maln rarameters in the system, etc. Finally the opening
verformances of the flight testing results are brieflly described.

I. INTRODUCTION

A first generation three-axis stabilized attitude control
system was fFlrst used on recoverable technolcgy testing satellites
=3

rmitting orientation of observation with respect to the Earth

[

and successfully accomplished the following tasks:

Zliminating the initial satellite attitude aberraticn caused by
the separaticn of the launch vehicle frcm the satellite:
assuring the attitude precision and the attitude angular velocity

requirement needed for satellite cbservation of the Earth during the
crbitting period;

tude reguired

enabling the satellite to achieve the atti fer
xis before returning to

reccvery by rapidly rotating about the yaw 2
zarth.

In this paver, we emphasize the introduction of the structure,
the mechanism and the design fcor the principal parameters of the
attitude contrecl system. Finally, the analysis of the result of the
flight tests is triefly described.




II. DESCRIPTION OF THE ATTITUDE CONTROL SYSTEM AND THE CONSIDERATION
FOR THE CHOICE OF THE PRINCIPAL PARAMETERS

The attitudecontrol system 1s formed of the 2ttitude measure-
ment system, the central control circuits and the rrernulsion execution
mechanisn through the satellite closed circuit. The description of
the attitudemovement 1s based upon the Earth-centered orbital coordin-
ate system and the satellite coordinate system as shown in Figure 1.
The angles tetween the two systems are denoted as %, & and ¢, resnec-
tively called the roll attitude ansle, the piteh attitude angle and
the yaw attitude angle.

1. The attitude measurement sysftem

In order to establish the Earth-~centered crbital coordinate
system in the orbit as a standard for measurine the satellite attitude
and to give the sizgnal for attitude deviation while being able to
satisfy the reguirement of =liminating the Initial attitude devia-
tion and 2stablishing the return attitude, we have selected an atti-
tude measurement system comrcsed of two conical scanning infrared
level meters and twe gyros with two-three degrees of freedom. As

snown in Figure 2, scme improvement tc the characteristics of the
level meter has been adecpted in the design of the ortical system and
cnic circuitry of the level meter. The complementary
characteristics ¢f the infrared level meters and the zyro have been
ully utilized in this measurement system. The «yro output has a small
high frecguency noise dut 2lso a significant constant drift. Hence,

i1t cannot be used as a long %term standard of measurement by itself
while the infrared level meter has a small constant drift. Thus it Is
usable as a long term standard for measurement, but It has significant
alternating noise. It cannot give the measurement standard for the

yaw altitude and cannot be used by itself. By comblning these two
elements, “hey will complement each other and form a better attitude

measurement system.

From Figure 2, it can be seen that the lcng term measurement

standard of this measurement system is provided by the infrared
level, and the transient measurement standard 1s prcvided by the gyro

' with three channels of relativesly smooth attitude deviation signals




provided by the gyro.
oy the small feedbtack loop of the
horizontal gyro, the yaw and roll
ro0ll level meter and the vertical

zramming mechanism on the axis of

gyro is used to establish the programmed attitude deviation signals

Figure 1. The coordinates systems and their relationshin, 2XVZ
the Zarth-centered corcital coordinate svs<tcem., oXyZ i1s the sate
cocrdinate systen.

i- center of EZarth; <2- satellite ortital vlane; 3= satellize

Namely, the pitch deviation signal is rrovided

infrared pitch level meter and the
deviation signals by the infrared
The pro-

gyro as the zyrc

2Omrass.

the outer rame of the horizontal
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Schematic of the attityde measurement system composition,

transduc

f — er — force coupling device

l-~-pitch angle signal; 2--pitch infrared levelmeter; 3--amplification
and correction; 4--phase sensor; S--compensation signal; 6--large angle
transducer; 7--pitch axils measuring system; 8--horizontal gyro;
9--programmed mechanism; 10--roll axls; ll--pulse source; l2--pitch
axls; l3--amplification and correction; lli-~phase sensor; l5--yaw

* axls; l6--yaw angle signal; 17-~phase sensor; 18--roll and yaw axis
measuring system (gyro compass); l9--vertical gyro; 20--amplification
and correction; 2l--rolil infrared levelmeter; 22--amvlification and
cerrectlon; 23--phase sensor; 2U--roll angle signal
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during the establishment of the return attitude. The large angle
transducer may be used to monitor the working condition of the ztti-
tude control system during the establishment of the return attituie.
In eliminating the inltial =zttitude deviation as well as in estab-
lishing the return at:titude, the infrared level must be cut off from
the attitude measurement system so that the system is in an open
circuit measurement mode, i.e., the two gyros are both situated in a
free gyrc state. Flgure 2 shows the working status of the measure-
ment system in orbit.

When the orblt is nearly circular, Figure 2 may be simplified
to the block diagram as shown in Figure 3 within the linear opera-

tional range of small signals.

From Figure 3, we can write the following equations:

“g‘r‘(96_6)’Ko(9n-9c)+9~—9+03 (/)
;_g(ﬁba"‘W)+!)(¢c""¢)=Kv(¢n—¢c)+D, ( ’?)
%(¢c‘¢)‘g(¢c-¢)=l{¢(¢n-¢c)+D‘ (3)

where 8, y and ¢ are the pitch, yaw and roll attitude angles of the
satellite. eG, wG and ¢G are the pitch, yaw and roll frame angles

of the gyro. Ke, Kw and K¢ are the amplifications on the gyro advanc-
ing angular velocities provided by the amplifier and the gyro coupling
device. Dl’ D2 and D3 are the equivalent drift velocities of the gyro
along the roll, pitch and yaw axes, including the components and
quadratic coupling terms along the corresponding axes of the gyro
drift veloclty, the orbltal plane advancing angular velocitles, etc.,
2 and Qo are respectively the instantanecus and normalized orbiltal
angular velocities, the latter being provided by the amplifier. Both
Figure 3 and equatlions (1), (2) and (3) indicate that the critical

parameters here are Ke, KW and K¢. The principle of their selection
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¢ Figure 3. Simplified block diagram of the =zttitude

measuring system.
l--pitch axis attitude measuring system; 2--the gyro compass system

shculd be based upon the noise of the levelmeter and the drift rate
of the gyro on the corresponding axes, so as to minimize the mean
square value 0f thegttitude measurement error. At the same time,

consideration must be given to the effect of the nolse of the level-
, meter on the rate of gas consumption produced through the central
circuivt. This 1s 1mportant to satellites of medium and low orbits,
: especilally when infrared levelmeter wavelength cannot be located in
the 1dealized 14~16 micron band. In the design of this system, we
considered the maximum drift rate of the gyro is U4° per hour, the
mean square value of the infrared levelmeter error is 0.25°, 1000
times the bandwidth for the steady noise for the orbital angular
veloclty. The value range of the three parameters mentioned above
+s determined under these conditions.

The following problems should also be considered in the system
design:

SRR . - =




(1) Limiting the maximum saturated advancing angular velocity
of the gyro: To avoid the 1ncrease of the attitude deviation and
excessive system gas usage rate produced by the high output signals
when the levelmeter scans the sun or the moon during normal flight
K, and K, should be

6 "y ¢
limited. In our system design, we requlre that:

of the satellite, the range of values of K

the saturated pitch advancing angular velocity < = 0.06%
the saturated yaw advancing angular velocity « = 0.054%
the saturated roll advancing angular velocity « = 0.018%

(2) The problem of matching the transmission coefficients of

the infrared levelmeter and the gyro: During technical implementa-
tion, the transmission coefficient Kh between the input angle and
output potential of the infrared levelmeter may deviate from the trans-
mission coefficient Kg between the input angle of the gyro and the
transducer output potential. Analysis and experiment demonstrate that
when Kh is different from Kg, the system will be induced to operate
Iin a limiting loop of multiple gas propulsion, thus increasing the gas
consumptlion rate. The effect on the roll channel is more pronounced
than the other ¢wo channels. For example, when Kh is larger than Kg
by 10%, the yaw mini-propulsion system undergoes a steady "double
oropulsion phenomenon". The limiting loop angular velocity and the
gas consumption rate both double. In our deslign, we require

roll channel (Kh - Kg)/K < = 6%

yaw and pitch channel (Kh - Kg)/Kg < = 109

(3) Selection of the gyro phase sensitivity time constant Tg.
Apparently the 1ncrease of T will decrease the resistance of the
system. When Tg reaches a certaln value, the Jjoint operation of the
large and small propulsions of the system may be damaged. The dynamic
characteristics of the pseudovelocity increment feedback system
indicatethat Tg is not greater than its recharge time constant ch.
In general, we should let Tg < = 0.2.

(4) The time constant Th of the infrared levelmeter: The
increase of Th will induce the s*eady state limiting loop cperating
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Tigure 4. Flow chart of the pitch channel control system
T = satellite pitch axis rotational inertia
S = Laplacilan
l1--high powered execution mechanism; 2--low powered executicn
mechanism; 3--attitude measurement
speed and the gas usage rate to increase. It is best to have Th
smaller than the time constant cof the tracking miniloop of the mea-
surement system by one order of magnitude. Generally, we should
let Th < 2 seconds.
2. The central control circult and the executlion mechanism
In order for the system to accomplish its tasks well in the
three different worklng stages, as well as to be simple, reliable,
light 1n weight and economic ingcouer consumptlion, we adopted two
tyres of swltch-controlled cold-gas rropulsion mechanisms, one with
a high power and the other a low power. Figure 4 is the flow chart .
of the pitch channel control system. Figure 5 is the chart of the
organizational principle of the execution mechanism.
Tor convenience, we shall use the pitch channel as an example
to describe the high and low power propulsion systems, and we shall
consider the external frame angle of the horizontal gyro of the
measuremenrt system as approximately <the pltch attitude zngle of i
the satellite.
7
Fou




(1) The high power propulsion leading correction system: The

high powered propulsion leading correction system is mainly used to
eliminate the satellite's 1nitial attitude deviation stage and to
establish quickly the re-entry asttitude stage. In order to increase
the resistance of the system, a leading correction network is adopted.
The pr.nciple requirement in the design of a high powered propulsion
system is tc eliminate the initial attitude deviation with a minimal
amount of gas usage and to establish the attirudeneeded for the
re-entry of the satellite with the shortest amount of time and the

minimal amount of gas.

From Figure 4, it can be seen that under the condition that the
dynamic characteristics of the execution mechanism and the effect of
the time constant oK of the leading correction network are ignored,
the law of control of the high powered propulsion system may be des-

cribed with the following equations:

m==1, mi==4,
9+9P+K(0+9;)390 (4)

m=<+1mA=+A4,
0+8,+K(§+0,)<—0, (5)
m=0,md=0, ¥-(1-4)0,<§
0+ K(G+8:)<(1-h)8,

(6)
§=A4+mA=(M.+mFLN1(7)

Here ep and éo are respectively program turn angle and angular
speed in establishing the re-entry altitude. Ad and A are respectively
the angular acceleration produced by the force moment of the distur-
bance Md and the control force moment Flj, F is the prcpulsion force,
lJ is the lever. Apparently, during the period of eliminating the
initial altitude deviation, ep and ep are both 0. In practical design,
in order to take Into consideration the effects of the dynamic char-
acteristics of the execution mechanism and of the time constant K,
equations (4)-(7) should be modified. We shall briefly describe the

problems of selectling the principal parameters contained in the above

equations.
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Pigure 5. Organizational principle of gas propulsion
executlon mechanism
i1--clectromagnetic gate control; 2--pitch jet; 3--yaw jet; 2--roll
Jet; S5--pressure adjustment gate; 6--gas bottle; 7--pressure
reduction gate; 8--210 atmosphere 0°C; 9--pressure adjustment gate

150
-
24
/é'"' v ”‘1‘
’i- —-165
= .
R
-] "
u » H
e T ’
4
® 4 2 % & 5 & 7 8 s
Sgo
Figure €. Curves of the transition time Tt ard total

oropulsicn momentum IZ vs. K.
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i) selection of the leading correction network parameter K:
Under the above mentioned simplified conditions, the effect of para-
meter K on the transition period time Tt and on the total propulsion
momentum IZ may be plotted by using either the analytical metheod of

the simulation method as shown in Figure 6. Tt is the time needed
After

to eliminate a certain amount of initial zttitude deviation.
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the relative impulse of the gas 1s given, the gas consumption rate Q
may be found from the total impulse IZ by proportion. In establish-
ing the re-entry attitude, 1t corresponds to the time needed to elim-
inate the satellite attitude angular deviation and the attitude angu-
lar velccity after the pltch axis has turned to a pre-determined angle
ep according to program. Filgure 6 shows that under the condition that
the other parameters are relatively fixed, Tt and I decrease with K
within a certain range, but when K 1s greater than four seconds, T

t
evan Increases slizhtly. FHence, 1t is suitable to choose XK = 4 secs.

11) Selection of the switching characteristic Jdead region and the
stagnant ring coefficlient: In order to save £as, the high powered procul-
sion system will not be used if the attitude deviation is within *1°.
At the same <ime, it is nct suitable to select too big an eD if we
want tc make the satellite pitch attitude rapidly reach ep +e (where
D 1°. When the
stagnant ring coefficient h Is large, the nclse suppression ability

£ is <he allowed error). In our ds=sign, we take 9

the system stability Is not good. After synthetic consi-

i1) ctlion of the control of angular acceleration A: When the
ffect of A on Ti and Iz islconsidered, we can draw Figures 7 and S.
the graphs one can see that at X = 3-6 sec, when 4>0.5%,: , both 6
T, and I. 7fail to decrease wWith increasing A. When A is toco small,
-
o

and I. Increase significantly. Hence, it is suitable to select

iv) Selection of programmed turn velocity ép: For simplicity, reli-
ability and ease of Implementation, we have chosen t2 use fixed pro-
grammed turn velocity ép. The selection of ép should be balanced
between TR (time needed to establish re-entry attitude) and the gas
consumption rate Q. Here we try to minimize Q under the condition
that Tp< = 60 sec. In the design, we chose §,~2.67x1079,%;.

(2) Low powered propulsion system: The low powered propulsion
system 1s used chiefly in situations which requires highly precise

10
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zrrisude  control over long eriocd: of crbital motizin., In corier to

minimize the amount of gas usage needed to satisfy the required
attitude precision and attitude angular velocity with good dynamic
reslisvance and long life, we adopted a pseudo-veloclty increment
feedtack control system with the discharge time constant de greater

than the charging time constant T as shown in Figure 4,

fe?
The pseudo-velocity increment feedback control system is a pulse

regulated system. Under the situation of no disturbing force moment,

the system is in an ideal limiting cycle (1) operational state as

shown in Figure 3(a) (when no.speical measure 1s taken, it is very

difficult for the system to overate in the optimal limiting cycle

(2) operational state). The equivalent minimal propulsion pulse

wlidth T, output by the system iz
d

Te=To+ AT (X)

Toum =Toln (1- 444 (9)

K
I{y ( /0) 7
AT=(T"—T'r)+(Tnd—an)

where Ton 3 the mlnimal puise width from the pseudo velocity incre-

ment controller, AT is the increased pulse width after the pulse

delay is tzken into consideration. It is determined bty equation (10)

where an and Tod are respectively the leading and trailing delay time l

of the electromagnetic gate. Twr and Tm are respectively the lead-

d
ing and tralling edge equivalent time constants of the propulsion
Jet. ed is the stagnant region of the pseudo-velocity increment con-
troller. Here the limiting cycle angular velocity 1is [
8 _aTs, (i hfs\ . aAT (11)
Ox zrd 3 ln(l Kla)-k 3 N

Under the condition that the ratlio of the satellite structure to
“he jet gas volume 1s constant, we may define the unit time angular
velocity increment to be the welghting factor of the gas usage, denoted
as g; then during the ideal limiting cycle operational veriods with

no disturbing fcrce moment,

: am2e T, fin flr, (/2)




Figure a9, The 1limit cyole or
locizy increment feedback sy

Here a Is the control angular acceleration produced by the
action of the small propulsion f. T is the period of the 1limit
ycle. 1t can be seen from equations (11) and (12) that to decrease

and lower g, we need to decrease Td’ and the smaller AT is, the
tter. 3ut 1in reality, AT 1s generally greater than zerc, hence Td
generally greater than Ton.
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Apparently, the smaller GR is designed, the easier is to cause pro-

pulsion on one side. The bigger the disturbing fcree moment, the

more frequentwill te the procpulsion. If the impulse mcment AL,
rroduced on the satelllte by the disturbing force moment Ed is con-
stant, then theoretically speaking, the mass of the gas used to over-
come the disturbing force moment will also be constant. T the jes¢
used each time is completely utilized to overcome the disturbing force

roment, then the number of propulsions is

‘M,dt AH, (/3)
"=FTTe " FIT,

' From equation (13) it can be seen that when a disturbing force

moment exlsts, in crder to reduce the number of times the electro-
magnetic gate operates, to increase the life of the execution mechanism

13




and not to increase the gas usage, then one should suitably increase
GR or TOn with the condition that the attitude angular velocity for
fixed direction Earth-oriented observation should be satisfled. It

should be noticed that it is not good to increase TOn suitably.
Then propulsion from both sides will again occur (see Figure G(b)
curve 4), causing the gas usage rate to decrease which is not
desirable.

In summary, for the yaw channel which has a large constant dis-
turbing force moment, we have made in our design 1ts 1limit cyclse
velocity about twice that of the pitch and roll channels which have
the smaller constant disturbing force momegt. The corresponding Td
satisfies the same kind of relationship. GR and Td are selected as
shown in Table 1.

Table 2. Results of 6 R and Td selecticon
) varameter
\\\\‘\\\\\\~ carameter limit »yelsy  =auivalent minimum propulsion
channel angular velocity 4, ruise width Ta
pitch and roll 2.5 x 10 20/ 50 ms
yaws 5.0 x 1020/ 100 ms
S

Table 2. Distribution of Ton and AT

areter T (ms) AT (ms)
channel on
pitch and roll 37 13
7AW 67 13

It may bg seen frem equaticn (11) that éR is determined by Td'
In selecting eR and Td, we should consider the problem of selecting
a. In the deslgn we have chosen a = 0.1 O/sz. It is much greater
than the angular veloclty produced by the disturbing force moment,
hence making sure that the high and low powered propulsions will oper-
ate in conjunction. At the same time, a is not too small so that 1t
1s easlly Iimplemented.

14
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In addition, we may sultably QJistrip.ute Ton and AT from
equation (8) in accordance with necessary analysis and experimenta-
tion. In our design, the distributlon of TO and AT is shown in

n
Tigure 2.

As 1s well known, as far as pseudo-velocity increment feedback
control system 1s concerned, when the attitude deviation 8 reaches a
certain value as, the system will be in a continuous propulsion state.
We call the attitude deviation es which starts such a state by the
name "saturated jet angle". It may be expressed as

0, =K+ (1~h)8, (¥4) 8
It is an Important parameter to guarantee that the high and low
powered propulsions operate in conjunction. In our design, we have
considered the fact that the high powered propulsion switch charac-
teristic stagnant region GD is 1°. To guarantee that the high and
lcow powered provulsions do operate in conjunction, we took es to be
0.6=-0.75°.

Besides, under the condition that the operational characteristices

of the execution mechanism and that of the measurement system sre 0%t
considered, the system may be roughly seen as a second order linear
system with resistance ratio 7 and natural frequency W by the des-
criptive function method .

t= ) ToT0s s)
4Ky
Y O /¢
@ J TMKI ( )

After the baslic relationship and data are given as above, we

can then proceed to make selections on some of the other major para-
meters of the low powered prorulsion system without much difficulty.

1) Selection of the switching characteristics: The stagnant
region ed should match the measurement error of the measurement
system 1In order to satlsfy the attitude precision requirement of the
orbital motion while the switch stagnant region of the low powered

15
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prooulsion system ed should be much smaller than that of the high
powered propulsion system eD so that the low powered system is the
one that operates 1n the orbital motion. We chose ed = 0.3°.

Stagnant cycle coefficient h affects T, on one hand,while it
also affects to a certaln extent the ability of the system tc suppress
noise. From equation (9), we know that when the other parameters are
held constant, the smaller h is, the smaller Ton will be, while the
ability to suppress nolse will be weaker. Taking into consideration
that the selection of the other parameters has already provided the
system with a strong noise suppression capabiiity, we chose h = 0.1
after some simulation testing and analysis.

ii) Sclection of the feedback network parameter: In order to
1 make sure that the high and low powered propulsion work in conjuncticn,
we take es = 0.7. From equation (1l4), it may be determined that K, =

4.3 secs.

In order to make sure that the pulse width Ton is minimal, we
may compute from equation (9) the charging time constant ch based
on the other parameters already determined. In crder to make sure
that the system possesses a large reslistance, we can determine the

discharging time constant T from equation (15). 1In the design, we

3
taxe 7 = 1. Thus, the results of selecting Tfﬁ and T,.. are shown in
[

fd
Table 3.

r The results of the selection of the principal parameters fcr +he
igh and low powered propulsion systems may easily be transformed
into the requirements on the dynamic characteristics and the size of

, power ¢of the propulsion execution mechanism. The normalized values

of the high and low propulsion strengths of the various channels are
shown in Table 4.

In the preliminary system design stage, a large amount of math-
¢ ematical simulation experimentation was carried out. After the ini-
tial production samples were produced, experiments with the real and

semi-real ctjects were dons to verilys tne syatem design. The Jjoin<xrerat

16
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Table 3. Results on the selection of ch and de 9
Qarameter charging time discharging time
channel constant constant
’ Teo (us) teq (sec)
piteh and roll 510 30
yaw 900 30
Table 4. Normalized values of the propulsion strength
for all channels
tyre high power low power

channel (gm) (gm)
pitch 1000 200

g yaw 1000 200
roll 350 70

of the hlizh and low powered propulsion in each channel and the effect

on the coupling oI the three axes are also studied. Based on that

147}

tudy, the prototype was developed. The interface relatiocnship
between the maln system and 1ts various sub-systems and the require~

ments of them were then finalized. In *he development c¢f the proto-
type, 1a large amount - analysis and szresimentaticon was sarriel cut <c
satlsfy the rellablli<y required for the satellite af<er launch We

shall not describe them owing to the limitaticn of space.

IITI. RESULTS OF FLIGHT TESTS

In order to examine the operational characteristics of the atti-
tude control system In the flight test and to obtain some useful
data, stellar cameras that are capable of discriminating the preci-~
sion of the attitude control system zre installed in the satellite
besides setting up some remote sensing rarameters related to the
attitude control system. We shall briefly describe below the oper~
ational status and preliminary analytical results of the attitude
control system in three different operational stages according to the
data obtained 1n the three flight tests.
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1. The stage during which the initial attitude deviation 1is

being eliminated.

Remote data indicate that among the three satellites,

one launched had a relative bad initial attitude deviation.

satellites launched later had made great improvement.
Table 5 shows its initial attitude devia-
The dynamic procedure to eliminate the initial attitude

satellite as an example,

tions.
deviation is shown

in Figure 10.

Table 5. The initial attitude deviation of the first
satellite
attitude initial attitude initial attitude
eviation angle(degrece) angular velocity
(o]
channel ( /s)
pitch +1.13° ~2.24
yaw +1.68° +0.17
roll +0.98&° ~-0.17
b}
2
v !
3w ‘<
e o 00 250 s
g _,
&
-3
-6
-
:" ;L/X o
o . — o 1850 00 25 st 14
g ! 8
.: 1
2_." ico 130 00 280 "n_“'il
~ L 1

Flgure 12,

initial attitude deviation for

(from remote gyro data).

l--roll angle;

2-=yaw angle;
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3~-pitch angle;

Oynamic process ir the elimination of the
the first satellite.

-—time (sec)

the first

With the first




The operational properties of the attitude control system may
be seen from Table 6. ’

TABLE 6
~—_content max. angle of time on entering
\\\\\\\\‘B‘\~ adjustment or procedure 0.7°
satelllte né~l characteristic point
I -5.36° 12 sec
II single adjustment decay | 12 sec
III single adjustment decay AJ 5 sec

The above situation indicates that the operation of the atti-
tude control system during the initial attitude deviation elimination
stage 1s normal and 1is very close to the theoretical analysls. The
system has a strong initial attitude capture capability.

2. During the crbiting stage

(1) Concerning the accuracy of the attitude control. The actual
accuracy attalned by the attitude control system is obtained accord-
ing to the stellar camera data. The stellar camera obtains first the
attitude angle of the satellite relative to the Earth-centered astro-
nomical coordinate system by using the method of photographing “he
stellar sky, and then transfcrms it into the attitude angle relative
fto the Earth-~centered orbital coordinate system from the orbit track-
ing data. The satellite attitude obtained from the stellar camera
data 1s more accurate. Figure 11 shows the typical attitude data
obtained from the stellar camera data. The attitude angle and atti-
tude angular velocity deviatlon actually attained are displayed in
Figure 7.

TABLE 7. Attitude deviation actually attained

Qntent attitude angle attitude angular
plteh < = 0.7 € = 0.01
rolt £ = 0.7 < = 0.02
VAL £=1.5 & = 0.02
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Figure 11. Typical attitude data from stellar camera
l1--yaw angle; 2--pitch angle; 3--roll angle; i4--time (sec)

(2) Concerning the spectral density of the infrared levelmeter
noise: Preliminary analysis has been carried out on the infrared
levelmeter cutput noise based on the remote data on the infrared
levelmeter and the gyro frame angle during the oribtal motion stage.
In the analysis, a smooth random model is assumed fcr the noise. The
power spectral density of the infrared levelmeter output noise then
can be calculated through Fourler transform. We used a method simi-
lar to that in [#]. After making a dynamlc correction on the measur-
ing system, it is found that the band width of infrared levelmeter
output nolse power spectral density is approximately 12 times the
orbital angular velocity. Because there 1s not enough continuous,
analysatle data, this is only a preliminary result usable for

reference.
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Figure 12. Typical operational character in establishing
re-enctry attitude (obfalned from gyro remote data)
l-=output from horizontal gyro large angle transducer; 2--command
time; 3-~output from horizontal gyro small anglie transducer

3. During the stage of establishing re-entry attitude

During the re-entry attitude establishment stage, the attitude
control basically operastes in the same way in the three satellites.
Its typical operational character is shown in Figure 12. It shows
the complete dynamic process in establiishing re-entry attitude by
the attitude control system of the third satellite.

Prom Flgure 12, it may be seen that

(1) the output from the horizontal gyro's outer frame large
angle transducer indicates that the satellite had rotated about the
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piteh axils in the negative direction through an angle ep degrees.
Its dynamlic process agrees exactly with the theoretical analysis.

(2) The output from the horizontal gyro's outer frame small
angle transducer indicates that at the beginning of attitude adjust-
ment, the outrut rises sharply with a positive sign to reach a maxi-
mum over-adjustment angle. After a certain time period To’ the output
is almost czerc. It can be ascertained from this process that the
program mecharnism turns through OD degrees with speed éc according
©0o a pre-determined program in & pre-determined direction. The
satellite will also attain this angular velocity. Finally, the
satellite 1s stabilized in the range Sp + €. The complete attitude
adjus

Justment process takss about 55 seconds.

The abcve indicates that the process of establishing re-entry
T

attitude tasically agrees with the prediction. The operation is

4. Cloncerning the gas usages rate of the attitude
control system

®
®

xcerimental results cf three flights indicate that ‘¢ zas
usage rate of the attitude control system (whether theoretica: esti-
mate or actual consumption) gradually decreased, esveciazlily for

the third satellite. 1Its gas consumpticn is two times smaller than

that o the first satellite. The main reasons for this decrease are:

(1) based on the experiment of the first two flights, we have
modified the parameters of the attitude control system of the third
satellite, especlally the principal parameters of the measuring system.
We have also Improved the nolse suppression avillity of the system and
reduced gas consumption rate.

(2) we have added a front filter to the infrared levelmeter
optlcal system, imprcved the bandwidth of the meter and reduced the
effect of the sun, the moon and the cold cloud on the output of the
infrared levelmeter, hence reduced the gas consumption.
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IV. CONCLUSIONS

The results of the three flizht tests indicate that the planning
and deslgn of the satelllte attitude control system of our first
generation re-entry type Earth-oriented fixed direction observation
technique 1s correct. The system worked reliably and operated
normally. In particular, the improvement on the third satellite is
effective. The mission is completed satisfactorily and some useful
data have been obtained. Some experience has been accumulated which
nas established a foundation for developing similar satellite control

systems in the future.

In the future, it is necessary to improve on the accuracy of
che attitude control system, especially the vaw attiftude accuracy.
The operational lifetime of the satellite should be lengthened with
reduced develooment budget. System engineering and modern ccntrol
tneory should be arplied well to tThe design and development of atti-

tude control systems.

REFERENCZES

{1] Yang Jiachi, Zhang Guofu, Sun Chengqi. “Three Axis Stabilized Attitude Control System for Chinese
Near karth Orbu Satellites,”” VIl IFAC Symposium oa Automaie Control in Space, Oxford, UK. |
2-6 July. 1979.

[ 2] Bowers, J.L.,Rodden, J.)., Scott, E.D. and DeBra, D.B.. “Orbital Gyrocompassing Heading Reference, ™
J. Spacecraft and Rockets. Vol.5. p. 903, 1968.

[3] Bryson, Jr., A.E. and Kortum, W., “Estimation of the Local Attude of Orbiting Spacecraft,”” 4qu-
tomatica, Vol.7. pp 167-180, 1971,

{4]) Wesss, R., "Conical Scan CO, Horizon Sensing Orbit Accuracy and Horizon Noise Model.”” AIAA Gui-
dance, Control and Flight Mechanics Conference, Voi.2, Aug. 17-19, 1970.

{51 Jerry, M. Mendel. “Perfermance Cost Funcuon for a Reation-Jet Controlled System During on On-
off Limit Cycle,”” 1EEE Trans. on Automatic Control, Vol. AC-13, pp. 262-368, 1968,

[ 6] Jerry, M. Mendel, “On-off Limn Cycle Controllers for Reaciion-Jet Controlicd Systems,”” (EEE Trvans. on
Agtomatic Control. Vol. AC-15, No.3, 1970,

(7] Scott, E.D., “Pseudo-rate Sawtooth-pulse-rest Control System Analysis and Design, " J. Spacecraft and
Rockers. Vol. 4, p. 781, 1970,

[
(oY

23




GUIDANCE ACCURACY DETERMINATION BASED ON DATA MEASURED
EXTERNALLY DURING PROPULSION-FREE 3TAGE

Zhu Wenxuan

ABSTRACT

We propose in thls paper to measure the position
vector of a space vehlcle in its propulsion-free orbit
with radar and compare it with the normalized oribtal
position vector. By treating the difference variationally
Wwith matrix theory, it is possible to determine the total
guldance aberration of the guidaﬁce system instruments on
the space vehicle when the thrust ends. This may provide
an auxiliary method for accuracy checking to compensate

% for the shortcomings of the ballistic measurement devices
during propulsion as well as the accurate position vector
of the normalized orbit during atmosphere re-entry.

I. INTRODUCTION

The accuracy of the guidance system and inertial system of car-

rier rocxet-type space vehlcles, especially the accuracy in the
measurement of inertizl Instruments, 1s a problem of common ccncern
for departments designing, testing and using space vehicles. One cf
the important gcals cf developing highly accurate remote measurement
systems and large, complex and highly accurate ballistic measurement
systems is to determine the accuracy of the guldance system and its
inertial sensitivity measurement instruments, as well as to determine
the reliability of the ground test accuracy of the inertial instru-
ments.

When the space vehicle 1s under propulsion (engine thrust), there
exist large acceleratlon and sudden impulse , random and large rota-
tions about the center, complex and severe vibrations of the three
axes, large variations In pressure and temperature as well as all

kinds of radiation interference. For inertial instruments working
in this kind of environment under conditions far worse than those in
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the laboratory or ground level factory, 1t 1s necessary to use

vehicle ballistic measurement pvarameters one order of magnitude more
accurate than those measured by the inertial instruments to compare
with the internal remots measurement parameters, and to treat and
analyze the huge amount of accurate, reliable data in order to

obtain reliable results in determining the operational accuracy, in
measuring the sensitivity and in varying the parameters being mea-
sured. However, for certain types of vehicles, it is often impossible
to realize the required accuracy due to limitations in material condi-
tions and measurement accuracy.

In the known gravitational field of the Earth, satellite type
vehicles move 1n thrustless free flight state. By tracking these
vehicles with ballistic measurement systems and measuring their
orbital parameters as well as analyzing and carrying out computation-
al treatments on the measured data, it is possible to obtain a synthe-
tic determination, including both propelled and prcrulsion free
flights) for the total guldance accuracy of the inertial :vs-=m, and
to compensate for the shortcomings in determining the accuracy cf
the inertial system in the propelled stage. In this paper we shall
discuss the theoretical aspect of this methced.

II. THE BASIC PRINCIPLES

To determine the orbit of a space vehicle with the externally
measured parameters of the propulsicn-Free (0 thrust) vehicle is a
common method used by departments designing, testing and utilizing
the vehicle. Using these externally measured parameters to determine
the total guidance aberration (accuracy) is a new direction in using
these parameters.

After the thrust on the vehicle has ended (engine shut-off),
the velocity of the vehlcle may reach thousands of meters per second
at a helght of more than 100 kilometers. Over most of the flight
time, the atmosphere in the orbit 1is very rare so that aerodynamics
may be neglected. 1In comparison with the gravity of the Earth, one
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may also neglect the =° > pho*ton pressure, radiation pressure
and gravitationrnal attraction of other heavenly bodies on the vehicle.
Hence, the vehicle ftravels along a pseudoelliptic orbit solely under
the Earth's gravitational attracticn (if we regard the Earth as 2
sphere and not a spneroid, i.e., we neglect the oblateness of the
Earth, then the gravitatlional force is an inverse square, central
force. The venicle will move In 3 vlane along a pseudoelliptical
orbit). The principal parameters of this rseudcelllipse such as the
seml-majcr axis and eccentricicy are uniquely determired by the velo-
cicy v/(V..V,.,V,) and positior ¥/(x,y,z) vhen the thrust is ended. The
pseudoellipse of satelllites and spacecraft does not intersect with
the Earth. They will rotate around the Earth. The pseudoellipse of
a gulded missile and its warhead does intersect with <he Earth. It
has to re-enter the atmosphere and fall in a pre-determined target
region. The pcsitions of at least three points, #,(x¥y2) , on the
orbit of the vehicle in a precpulsion-free region, shoull t2 measured
if one uses external ballistic pcsition measuremen* svstems, such as
single pulsed radar or photographic theodolites with lower accuracy
than that used in propelled flight. The angle subtended by each

pair of points should be greater than 0.

I

v 1°, The true pseudc-
elliptic orbit ¢f the vehicle may then be obtained by arplying proper
computations on ;3. This 1s then the ordinary orbit determination
method.

The wvelccity @/ and position 7/, at the thrust termination
coint (engine shut-off point) may also be derived through proper ccm-
putations from the ;3 on two points which subtend an angle at the
center of the Earth greater than 0.5 ~ 1°. The combination of #'.7/
is needed to satisfy the guidance condition or for the guidance system
to fulfill its mission. Their deviation from the theoretically com-
puted velocity ¢, and positicn a¢ 7! at tf when the thrust stops:
Wi1=pI-p!
07l myl—7]
are the baslic data for calculating the total guldance error. The
deviatlion from the target of the missile impact point calculated from

(2-1)
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i--propelled stage; 2~-ascending stage; 3--standard orbit;
d--descending stage; S--re-entry stage; 6--center of Earth

dp: and 67/ (off-target amount) and the deviation of the number 25
oribts of the satellite or spacecraft all belong to the total guid-
ance error. After reducing from &i,.d7. , the errors P! Or! due
to guldance principlie {(method), the remainder is then the sum of the
error due to the guldance system instruments.

Tor re-entry missiles, the normalized balllistic Fe.. for the
atmosphere re-entry stage may be established from NS4 deter-
mined from the externally measured data ¥ from the real orbit, If
an external ballistic tracking measurement 1is carried out on the
position of the re-entry stacse o0f fhe miszile, then the ideviatiocn

o =F, =7, (2=2)
is the so-called re-entry error due to the aerodynamic disturbance
of re-entry. Or the re-entry error is the difference between the
devliation of the imract polnt 8Q/ calculated from & . &7/ and
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the deviation 4Q, cf the actual point of impact.

We shall demonstrate the above principles with a re-entry
missile as an example. Its orblt 1s shown in the above diagranm.

III. DYNAMIC EQUATION FOR THE PROPULSION-FREE STAGE

We shall establish our dynamic equations in the vertical coor-
dinate system Oxyz with the launchling point 0 as the origin with oxz

in the norizontal plane through 0 and ox basically along the flight
direction. Oxyz rotates with the Earth. The propulsion-free stage
(free flight stage) starts from the thrust ending at point X,
through the ascending stage, the descending stage, at the re—eﬁtry
stage and ends with the point 1 on Earth. The vehicle is acted on
g by gravitational force, centrifugal force, Copernican force and

aerodynamic feorce. The propulsion-free dynamic equations are
obtained after the aerodynamic 1lift force and side ?orceg

initial condition t° = to

I
1
|
!
A %)V-V,—Vh"vu*'g" V£ J

X=Vl x! )
y=V, | »
?"V. [ 2! E
_1_ P.S/ _e_ r s )
Vo= = Cr 3 ‘(p.)'V"'°”""‘>"+9" R
\ {
l -
p,S; /P . (3-1

Vo= = Cr PP (W V=V —ratans | v

<

where Me Se, Cf are respectively the mass, reference cross-sec-

pe

tional area and aerodynamic frilctional coefficient during the pro-

v? V_ are the position and
velocity components of the vehicle in Oxyz.

pulsion-free stage. x, ¥y, 2 and Vx’ \

The linking acceleration components are:
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V',aa'[b,z— (x+x.)J‘
Vu*‘l”[by;—(y+y.)]; .
Vema' bl = (z4+2)]; (3-2)

where w 1s the rotational angular velocity of Earth and the flight
direction coefficients are

b,= cosW,cos A,
b, =sinW,
b, = — cosW ,sin A,

(3-3)

wt is the astronomical longitude of the point O. Am is the astrono-
mical position angle of ox. The components of the radial distance
EQO of the point 0 to the center of the Earth in Oxyz are:

x,= — R,.51n u,cos Aa

yo“RnCOSI‘. (3"“) 26

2,= R, sin g,sin A,
R,=PR,+H,

He is the height of point 0. The radial distance of any point on
the Earth's =21lipsold of rotation is

N1—e'coste,
Earth center longitude:
.o .
.= sin "' (3-6)
The equatoer surface helght:
{=bx+b,v+b,2+ R, sind, (3=-7)

The radial distance of the vehicle position:
rEV(x+x) +(y+ ) 2+ (3-8)
The difference u between the gecgraphical longitude and the Earth

center longitude of a point on Earth surface 1s calculated by:

sin y=a,sin 2¢,=a, sin 2, (3-9)




The geographical longlitude at the launch point is taken as wn = W
Equation (3-9) is used to compute TP

boe=W,—u, (3-10)
The relative veloclty ¢f the venicle
V=ayVisV;+i} (3-11)

The coperican acceleration components are
V',,-Za)(b,V,—b,V,), l
ey =206, .,—b1",), \ (3-12)
V‘,=2m(b,V,—b,V,), }

The gravitational acceleration of an ellipscid:

v R? R. /. ¢& 3
e e R A B

(3-13)
(VS" J’. :; ,l=”+,0:

where Rc is the equatorial radius of Earth, g,R!=GM is the gravi-

tational constant of Earth. ay ls the oblateness of Earth.

With the given initial conditions at ‘¢=t/=t} , the dynamic
2aquations (3-1) are solved to obtain the diagram in the last section,
called the normalized or reference orbi<. From the normalized orbit,
the velocity P(V., V,, V,) and rosition #(x, y, 2). nf the vehicle at

ny arblitrary time may be cbtained.

IV. STATE TRANSFORMATICN MATRIX

At =g} , the orbital parameter deviations are given. For

example,

AV =10, AV =107, AV =10,

Ax/=1000" Ay’=1000" Az/=1000";
Taking one of these at a time, we can calculate 6 deviation orbits 27
and also the state transformation matrix at each time instant on the
orbit Bi=(;a)sme . For example, at the point 1 (i=1) at t = tq:

b, b, b4 b, bL b

B,=|b!, b, by bl bl bl i (4=1)
bl b, b4 bl bl b J
At point (t = tm), it 1is




{b: by b5 6% b b3

B.=|b7 b3 b3 b5 b b
Lbn b by bn tn by (4-2)
where
ax xX'—x  Ax
ba=oi =" xi A/
o8y _yoy Ay
HERMT AN T A (4=3)
9z  2—z'  Ax
*“a&/ AL T A
im]1,2, 0 Reececemecen- N, h=1,2,3,4,5,6;
A"'(Ah)lxna[ll‘!A:lclllo]T‘[VfV{V{")"Z’]r.
x, x are the x ~3liss 0f point £ at t=t, cn the rormaliced orbit
and the deviaticn orbit; correscendingly, ¥,y and =z, 2 have

the same meanings. Hence, the crbital parameter deviation vector

cr column matrix expressed with the transformation matrix
AR = B,AL/
where )
AR =[Ar  AriAri) =[Ax Ay N7,

FPor example, at point 1 = 1

CAV

Ar:" "Ax" b bl b bl by b. AV,
AR'=| Aryl=i Ayl I=iby bL by by bl b ! AP
A7y L\z'_‘ Lbd b: by b bt b ] Axt
Ay

N Az

The same form holds at 1 = m. We only need to chzngcs *“he
seript 1 into m. At points 1 and m, we have:

/Arll ™ /Axl\ [/b'n’l b,‘, b.’. b|'¢ bl‘% bl,l v AV{ *

art | LAyt |ba ba ba b by bl i AVY
AR = Ari} | bz i"" bi b b4 bl bl b AVL
DArt | | Ax™ | i bn b3 b3 bn bn bl Axt
| Ary Ay') bn bz bn b3 b3 b3 | Ayt
\ars ) \b,, ba bn by by bn LA,
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(4-4)

(4-5)

(4=6) |
super-

(4=-7)




This may be expressed with sub-matrices as follows:

rAR! I
(L.
AR"=|" o (4-8)
B, =|" Bl -'
- Ba- (4-9)

AR'(i=l,m> | 2s shown in (4=5). Bl(i=I,m) as shown in (4-1) or (4-2).
The sub-mactrices Bl and Bm are both 3x6 rectangular ztrizes, The sub-
matrices ARl and ARm are botn 3x1 row matrices. Hence

AR = 8,.A4! (4-10)

where A\° is still a 6x} row matrix.
A’U=[~\'il A4, Az, A’ia-\'isl_\:h]r=fAVf AViIAV! Ax/ Ayl A21]7 (4-11)

er-script T outside the square bracket means the transpose of

ct 3
o e
M @
Hoow
[V
ot 'O

V. CALCULATION OF THE ORBITAL 2ARAMETER DEVIATIONS
AT TEE THRUST ENDING TIME =*

The pesition vector compeonents of the vehlicle at t = ti during
the cropulsion-free stage are measured with radar or an optical
system. The vector or matrix is

Si=R,+v (5-1)
where . L
fi=lxiyi sy (5-2)
is +he zactual position ¢f -he vehicle at point i1 during the propul-
slon-free stage, vi 1s the random measurement errcr of the measuring
instrument o ponl]
e (5-3)
Generzlly, the average cr mathematical expectation of the measure-
ment error 1s assumed to be zero. The difference between the compo-
nents of the actual orbit and the normalized crbit is
Ax mx;—3' )
Ay, =y;—5 | (5-4)
Azimz, -3 f
simplified in matrix form as
AR ={Ax, Av; Az'Y (5=5)
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cielze to (4=6)
AR =B AM (5<56)

.
3

The deviaticn of the measured value [~ 1:
AS ' =AR, 4y =B A +v (5=7)
Now AAf is the unknown to be found. Expressed by Axl, we get
BiAA,=AS —» (5-3)

AA =[AV, AV, AV, Ax, Ay A2)]] (5

If there 1is only one observation roint 1, then

BiAL =ASI—vi (5-10) i
It is an equation system with 3 equations but 6 knowns. Aki is
undetermin 4.

If there are 2 points of observation 1, m, i.e., observed values

at two times tl and tm’ then

BiadA =ASI"—yt= = AR (5-11)
Its equation number and unknown number are both 6. When the angle
cf the two points 1, m subtended at the center of the Earth is large
encugh, 1.e., larger than 1 degree, the matrix B is non-singular.

1m

Hence, the A}, to be found is definitel
’ 1

Ak =(B.2)(AS!" =) (5=12)

Tt is the deviation of the orbit parameter that satisfies the guid- 7

ance condition at the moment when the “hrust ends and that we desire
to calculate in the section "Discussion of the Basic Principles”.
Velocity deviation is

AV/mVI—GlalAV! AVL AV 1T =[AV. AV, 80,0 (5-13)
and position deviation is

Aif=r/—=il/=[Ax/ Ay A2z/] = [Ax,"Ay, A2 Y (5-14)

When »i%0,»™20 , “he value found from (5-8) contains errors, and
!5 not the true value cf Akf.

If the number of observation points N is larger ...an 2, then the
data for anrny two distinct points 1, m may be used to calculate a set

of Aki with (5-3). Then a better estimated value for Axi is

Az,-—-iﬁjalt (5-15)

r=1
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where p > 2 is the number of observation points.

If there is z large number of ~rrer-nticon points S, 1 =1, 2...
K...l...m...n...N, then after numerical treatment, we can get the
Fal
best estimated value of AA° to be AX,. For each i point, equation

2
(5-7) holds. The AST of N points has the same form

AS =BAA, +v (5-16)

Wwhere
AS=rAS! AS*--AS* . ASI AS™.AS L ASMY (5-17)
is a 3N x I row matrix. The submatrices AS™ are 3 x 1 row matrices.

x 6 rectangular matrices

W)

The transfcrmaticon matrix B is formed from

8=7B,---By-+-B;---Bo-B,---B,]T (5-18)

Lo 3N x £ matrix. B are still comruted from
‘&-l\) or (“'—2>’ and (“1—3>. A11=[3\V‘.Al," Arl. Ax. A_\', A:,]T

ho =13
(o]

(o]
[$V]
"3
[$9)
3

t
-
«

o
-
w
o

is a2 x 1 row matrix. when N > 2, equation (5-16) must be over-

determined afcer expansion, 1.=2., the number of equations 3N is far

reater than 5, the nuroer of unknowns Ak2. The orcer of the matrix
= row number = 5. (The so-cazlled order 1s the large order of the
non-zero sub-matrix of B). According to matrix theory, it can be

roved that

w o9

BrB=F (5-19)

is a non-singular symmetric matrix of crder 6, i.e., the determinant
|\Fl=|B"Bi+0 (5-20)

Hence, the inverse matrix

Fo'=(B"8)™ (5-21)

~

xists, and 1s the cnly matrix of order 6. Obviously, BT is a 6 x

1]

9
N rectangular matrix. Multiplying equation (5-16) on the left by

[

w w

we have
’ BTAS = BTBAA,+B'y

T TRTETTNT

(5-22)

After transposition, we get
BB, =B (35 =) (5-23)

Multiplying (5-23) on the left by (BTB)'I, we have
Ad,=(B"B)'B'(AS -») (5=24
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This is the basic equation of the best estimated value when we
calculate Akf with a large amount of data. Statisticians call (5-24)
the normalized or normal equation, and also the wave filter equation.
It will reduce the effect of the random error v on AAQ. If the square
difference of each observation point i of the measurement system is
known, better results will be obtained by weighting each point in

(5-24) according to the square difference.

fter expansion, 1t may be shown that (5-24) may be expressed

as tne sum of the corresronding form s of the sub-matrices at a point

3. v - ~
o B,=(BTBY (B (AS—»D= (SBIB.) (2] B7(aS ~»1 )
rm]

1.y

39

(3-2%)
Results similar to equation (5=24) and (5-25) may be obtained by
using the least square method in detailed derivatilons.

VI. TCTAL SYSTEM ERROR

If the t¢ime that the command for shutting off the engine by the
guldance system, Ty is before the time = whern “he vehicle thrusct
ands, then 1t 1is necessary to delete the =ffz2t A « cf the thrust
in the interval (tk,tf) {i.e., the usually ren%tizcned after-offect

carust) on the orbital paramec-er: from A Ty Lsinc tnoe remotely

measured or externally measured rarameters 3¢ *nz  we 7@y cobtain the

orbital parameter deviation caused by the roral svstem error
Adr=)711— A4, (=l

827 s replaced by the 4), calculated with 'I-25'. The total guii-

ance error or synthetic guidance error is

L aQ ...
AQzZ*a;T.\/., (629

1.

AQ denotes the circular error or the deviztizn 07 the “ransverse and

longitudinal impact points. The partizal derivative 1is found from
the calculation of deviation orbit.
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VII. CONCLUSIONS

The main ideas of the "baolic principles", eaquations (4-6),
(0-1 and (6-2) and the measurement r=quirements in this paper had
teen published in 1975. In recent years, large volumes of experi-
ments, the measurement of orbital parameters during propulsion-fres
stage and calculation of the impact point deviation indicate that
the above theory 1is correct, and may be used as an auxiliary method
to Judge the accuracy of the guldance system,

From the diagram, it can be obviously seen that the data for
the descending stage will yileld better analytical results than those
Tor the ascending stage.

The proposal, crganization, implementaticn and perfection of
this method is the joint effert of many comrades, including Wang
Meizni, Wu liren, Zhou Taliving, ete. The author only made some
derivaticns and explanations.
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COMPUTER SIMULATION OF LIQUID
ROCKET ENGINE TRANSIENTS

Wang Kechang 3763 0344 4@
(»e 624 3 wmen )

Abstract
In this paper the transients are simulated by means of the characteristic method and
the numerical computation method for start and shutdown processes, pulse operation, four-
engine parallel operation and failure state of liquid rocket engine. Simulation is made on
the computer “441B-111". The simulated results show that in the engine development com-
puter sumulation would be necessary.

TABLE OF SVMBOLS

A channel cross-sectional ares < volume flow rate
a sound velocity of propellant P pressure
in the channel o s
¢ time

CysC,sC, coefflecients
1272773 channel wall thickness density

D channel diameter

e
o r specifie gravity
=z elastiec modulus &
~

] channel inclina<ion angle
f frictionzl coefficient of
flow P density

g gravitatioral acceleration
K fluid bulk modulus

I. ZINTRCDUCTICN

The oreraticnal status of liguid propellant rocker “nriires o
various tyres cconsists of pulsed operaticn, multiple start, multi-~
ple engine parallel operation, variable propulsion operation, etc.
For various types of engines, 1t 1s required that they have good
dynamic properties during s+art, shut dosn and propulsion adjustment,
which 1is to say that they should have satlisfactory transient opera-
tional processes. Hence, the transient processes of a liquid pro~

pellant rocket engine represent a very important aspect of rocket
37




engine research. Many people have long been searching for the laws
of nature in this area. However, because the study of these trans-
ient processes involves the dynamic equations of the various parts
¢ the engine, where the channel equation of the supply system is a
system of hyperbolic partial differential equations, it was very
difficult to carry out such kinds of computational research work
before the wide spread use of the electronic computers. It was in
the 60's, following the appearance of the electronic computers, that
ground was broken in implementing the kind of calculations mentioned
above. Many papers describing computational study in this area
appeared between 1968-1970 with satisfactory results.

R. J. Dorsch and D. J. Wood [1] used the wave-plane method %o
analyze the nonstaticnary channel flow and computed the parameters
>f the prooellant supply system of the liquid propellant rocket

2ngine.

John J. Boennlein {2] et al used the Laplace transform to solve
the channel wave equaticn, analyzed the nonstationary flow in the

20 the 1iz2id pro-

(O]

channel andé computed the starting transient triles
Il

prellant rocke*t engine with satis!

J. C. Zschweiler, 5. W. Wallace [3], P. %. Thompson, T. J. Walsh
[4] used the characteristics linezr method tc sclve the channel non- }
stationary filow, and simulilated the rtransient creraticnal process cof
the liquid crorellant rocket engine on the c¢cmputer with good results.
In these rapers, simple mathematical models are used to treat
the -~ombustion chamber dynamic equation. Zuivt W. T. Webber, W. A,

Gaubatz [5] did a 1ot of work on the mcdel of *he combusticn chamter
while comrades Yang Benlian and Chen Guotal 113 2 large amount of
vaiuable computaticnal work [6] with referancze {5] as the foundation.
In this paper, we also start with the characteristics line method

with a 1list of the various commonly used boundary ccnditions in

¥
Received August 29, 1350
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liguid propellant rocx2t 2ns<inss, and simulated on the 441b-I com- 370
puter the transient processes of start, shut down, pulsed operation,
multiple engine parallel operation and engine fault state, result-

ing in a list of simulation curves for the various situations.

II. BASIC EQUATIONS

The basic equations used in analyzing the engine transient pro-
cesses are mainly the differential equations for the nonstationary
fluid flow. [7] has given a detailed derivation. Here we shall
Just list

Q Q A4 2P
A 7+“+p aX""‘—/_QlQl Agnna 0 (2-1)

the continuity equatio

(3 g; a;)"‘ ‘a 2 (2-2)

This 1s a2 set of hyperbolic partial differential equations for

which 1t 1s generally rather difficult to find accurate clcsed solu-
tions. [7] gave a detalled descriotion of solving these equations
with the characteristics method. We shall only 1list the final

results:
- Pa [P
Pr=Pi+ 2 (Qr-Qur+ 25,%0 1Qu; M=0 (. (2-3)
AX =aAt
Pa fpa (
Pp~Py~ A (O,—O.)~WO,IO.IN=O c (2_1_1)
AX =«agAt

where PA,PB,Pﬂ reopresent respectively the pressure at points A, B
and P. )

QA’QB’ Qo represent respectively the bulk flow rate of the
volnts A, B and P in Figure 1. (PA,PB,QA,QB are known. They may be
determined from the 1Initial conditions or calculated from the pre-
vicus time interval).
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It should be noticed that the flrst equation in Equation (2-3)
is only true along the +ve characteristic line AP. Similarly,
the first equation of equation (2-4) is only true along the -ve
characteristics BP. As there are only two unknowns Qp,Pp in
equation (2-3) and egquation (2-4), therefore Qp and Pp may be found
from equatiocn (2-3) and equation (2-4). In order to facilitate
the writlng of the ccmputer programs, we give below a computational

equation for expressing the parameters of the ith section channel

flow. 3Substituting the symbels, as shown in Figure 2 into the first

equations of equations (2-3) and (2-4), we get

QP|=0-5jQ._;*Q|0; + a%. (Pl..g—P:‘ )
- (2-5)
At
o ( JNT M PR SRR
PP-'=O-5‘~ Pu..x‘i'Pn\'-" ‘a“?'(ol'_l—Ql") (2-6>
L <
afpAt

— _ZD-—:'I}—(Q’-I !Qi—l ) -oiO; ‘:Q"l l \J
where
Q;,, Ppi—are the flow parameters cf the ith channel section at
the time instant to be computed
Ol’—l » Pn’-n ——ar
h

*
-

()

the flow parameters of the i-1th channel section at

<t

1]

time instant previous to that being computed
(2-5),(2-6)

[0}
o

the folow parameters pf the i+lth channel section
at the time instant previous to that belng computed.
Equations (2-5), (2-6) are the computational equations that we will

use frequently from now on to compute the mid-peint flow parameters.




'
Pe Qe
P, |Qr. . R {
< < &
\ ! ‘
N [ ]
l...— e '
| 4
- < B R s R [ERY. ]
v, P ..
—f . [ 1] . Q.. e
Flgure 1. Characteristic grid Figure 2. 4Grid for finding the
mid-pcint
III. DBOUNDARY CONDITICNS
Zjuaticns (2-5), {(2-6) can only be used to calculate the flow

varameters at the mid-point of each comput=d channel. But we shall
discover that at either end of the computed channel there is only

one characteristics equation (C+ or C7) that can be used. The C~
characteristics equation can only be used upstream while the C+
characteristics equation can only be used downstream. However, with
one equation it 1s impossible tc find two unknowns (Qp,Pp). Thus,

12 1s necessary to establish an equation to connect the two unknowns.

The boundary condition vroblem 1is, therefcre, involved. The setup
o2f the boundary conditions and flow system is closely related to the
forms of the object. Detalled descriptions of various boundary
conditions for the general hydroelectric power systems have been
presented in [3] and [9]. But as shown in Figure 3, the liquid pro-
cellant rocket engine system is a complicated system with boundary

condltions of diverse types.

References {7,11,12] have derived in detail the varicus bound-
ary conditions of liquid propellant rocket engine :--+teme, These
boundary conditlions involve the following princinai objects. They
are: %the propellant storage tank, the valve or flow regulating
orifices in the channel, the sprayer, the rropellant liquid collect-
{on chamber, channel connectcrs (3 channel, S-channel, etc.), cooling
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Jacket, energy storage unit, centrifuge, etc. We shall only point
out a few important points here:
1. All boundary conditions are treated similarly. They are mainly
arpliec to the C+ or C° characteristics equaticns. Then the equation
connecting Qp’Po’ (such as the sprayer equation, the valve equation
or the centrifuge equation, ete.) is listed based on the shape of
the object at the boundary. The equations are then solved simultan-
eously by using the continuity relations to obtain the pressure (Pp)
and {low rate (Qp) at the boundary.
2. The equation thus solved is 34
usually a guadratic equation with 1
one unknewn. The solution can be

] easily found. Only the boundary

condition of the energy storage
uni¢ gives a nonlinear eguation

which we sclved with the Newicn

A

DA
Lo

approximation method.

3. The boundary condition egua-
tions listed in [7,11,12] have

been used in extensive computa-

]

E tions on the computer. The igure 3. Simplifi-=d diagram
E of the supply system of two
elements liquid fuel rocket
can be used. engine.

resuits show that these equations

IV. COMPUTER SIMULATION OF VARIOUS TRANSIENTS CF A
LIQUID PRCPELLANT ROCKET ENGINE

1. Determination of time increment At and number of section N.

The supply system cf the liquld propellant rocket engine is a
complicated system, composed of many channels and the lengths of each
* channel may differ greatly. Before proceeding with the simulation,
the problem of determining and selecting the time increment At and
how to dlvide the channels intc sections 1s encountered.
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) Firstly, the time increment for each channel should be the
same soO that the boundary conditions can be used. At the same time,
the Courant stablility condition [9] must be satisfied in selecting
the time increment, namely:
At 1 (4-1)
Ax <4q

This indicates that Ax must be greater than or equal to a.At.
Hence, the selectlon of At under the ccndition that the speed cof
sound i1s already determined is mainly limited by Ax while Ax must
be constrained by the shortest channel in the system. If the short-
est channel 1s short, then Ax will be snall and At cannot be taken
very iarge. When At 1s small, the computational time and expense
will increase so that for a large number of channels, the fine divi-
sion nay even exceed the memory of the computer. Based on our exper-
tence, we think that At should be chosen as follows. Firstly, the

' system channels should be analyzed to Find the shortest one. If

this channel 1s indeed tco shert, then it should be treated separately
by the finite difference method similarly to the procedure for che
sprayer 1ligquid collector chamber. If this short channel is not too
shert, then 1¢f may be treated in two sections, from which a At value

will be found.

1
Af=dz. - (4-2)

This At then can be used for the whole system.
However, we must notice that:

\

! 1) After At is determined by analyzing the shortest channel, in
general, 1t will not change any more. Then the other channels may
be treated by the following method:

Nl (4=3)

N 1s the number of divisions of the ith channel and should be
an Integer. But the N value found from equatlion (4-3) is often non-
integer. Hence, both V. L. Streerer and M. H. Chaudry have cointed
out that due to the approxlmate nature in the calculaticn of a, i.e.,
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its value cannot be accurately known, therefore, it 1s possible to
adjust the value of speed of sound approximately to make N value an

integer.

of

2) We have carried out comparison z mpusaticnzcn the computer on

the effect of the number of divisions of the shortest channel and
discovered that when N was taken to be 2 and 10 the results were

very close, which indicates that very accurate results are attain-
able when the number of divisions is reduced. Table 1 lists the data

of the analytical calculations of engine disturbance for comparison.

TABLE 1. Comparison of the calculated values of therrinsizal
parameters (P., P..n) for difference N

i 10 mMS ' 20 ms

i — - T

! Pe ! Py | i ! Pe : 5. ‘ w
. i . T - R
N=10 | 0.9816 I 1.0024 ! 0.9995 ' 0.971 | 0.9994 b 0.998
N=2 1 0.8 | 1 0018 0 9995 ' 0 971 f 0.999 ! 1.001

During the calculaticn, we found that the effect cf decreasing
the number of divisions iIs very attractive as long as satisfactory
accuracy can re maintained. When N = 1C, the time increment of the
disturbance computations is At = 0.. ms. To compute one At, it would
take 55 seconds of computational time on the L4UIB-I computer, while
for N = 2, the time increment At = 0.5 second and it only tock about
10 seconds to compute one At. The total computational time for one
engine disturbance was also reduced from three hours to half an hour.
Thus, the cholce of N (hence the determination of At) 1is a very

important question, worthy of our attention.
2. Simulation of liqulid propellant rocket engine start and shut-down.
Start and shut-down are two 1mportant transient processes of a

liquid propellant rocket engine. They are related to the reliability
of start, rellability of stage separa*tion, etc. We have carried out

calculations on the 441B-I ccmputer >7 wvarious tyvec 20 ztart and

by
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down processes for an attitude control engine with 11.35 kg of
thrust, using NzOu + R-NH-NH-50 as propellant. The results of the
computation are shown as the curves in the following diagrams.
Analysis on the result may be found in [7].

3. Simulation of the attitude control engine pulsed operation and
4 engine parallel operation transients.

The attitude control engine used on flying vehicles has the
21lowing characteristics. Firstly, the number of attitude control
anzines is large, usually 4 or more, and they all use the same pro-

peilant supply channel. As the attitude control engines dc not

PSR

e

usuaily start or shut-down at the same time, therefore, one must
¢learly understand the effect of start or shut-down of one or two
engines on the operation of the other engines. The other character-
istics of attitude contrclengines 1s the large number of re-starts.
For instance, the number of starts of the attitude control engines

on the Apollo may reach 100,000 and the operation frequency 40 times/
sec. What 1s the effect of adjacent pulse operations on one another
under this kind of operation frequency? In order to understand this

oprcblem, we separately simulated the following cases:

1) Restart 10 ms after the end of the first pulse. Here the rcressure
in the oxidizer is in the low pressure wave reglon and that in <he
combustible channel is in the high pressure wave region.

2) Restart 30 ms after the end of the first pulse. Here the pressures
in both thne oxidizer and combustible channels are in the low pressure
wave region.

} 3) Restart 60 ms after the end of the first pulse. Here the pressure
’ in the oxidlzer channel is in the high pressure wave region and that

in the combustible channel 1s in the low pressure wave region.

) Restart 100 ms after the end of the first pulse. Here the
rressure; in both the oxidizer and combustible channels are in the

high pressure wave region.




5) Effect of channels of different diameters on the start process.

6) Two engines start first and after several ms, the other two

engines will then starc.

The results of the simulation are shown in the following curves.

Analysis of the results may be found in [117].
4. Zimulation of liguid propellant rccket engine fault state transient.

; Analysis of 1ligquid rropellant rocket engine fault state is very
mportant and very ccompiicated. Fault analysis is involved from the
to the end in the test analysls of the engine on test

nd and in the flight test analysis of the encine. In the test

w u O -
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§ tand testing stage, 1t iz still rozziblis =1 uge the hlsk zreed rhotoe

O

r z2urves recorded during the test and
synthetlc analysis. In the

e
fficult to find complete remains of the

englne, we can only mak2 cur analysis based cn the remote measurement
L data. Hence, I one can simulate with computation the transient
E croeesses of varicoug Important parameters o° the engine (e.g., com-
i {uZTin Qohamter Trezsairs, rrorellant Tlow orate, furtine rotationzl

sveed, etc.) under various fault conditions (e.g., channel leak,

t injfector blockage, etc.) nalysis and research on engine fault

will be greatly benefited si need to compare the <ransient
S

; 2urves of varlocus rarameters actually reccrded durinz enginrne fauls ¢
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conditicns in order to determine the tyre and lcocation of the fault.
This will help in narrcwing down the scope of analysis andé reducing
the work load for analysis, and hence will prcomote greatly the pro-

gress of engine development,.

The computatlon ¢f englne fault transients is primarily dependent
upon the establishment of fault state computational model. 1In [12],
t an englne faul® ccrmrisscionagl maodel o & madine thrucss, pumped

propellant with & engine grour el is rresented. The following

e
. An analysis of the results

| ame
{ diagrams show the computational result
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er pressure; 2--combustion chamber pressure;

3. Parameter variation during oxidizer valve
iz
flow rate in fuel vaporizer; U--combustion chamber

V. CONCLUSIONS AND PROPCSALS

1. Computer modeling of liquid propellant rocket engines is very
instructive in the develovment of the engine. It helps us in select-
ing the crinciral parameters, in proving the major plans and in pre-
dicting the whole transient process. Today when the application of

the electronic computer 1s ever widening, computer modeling will
become an Iimportant link in the design, development and experiment-
ation of liquid prorellant rocket engines.

2. The keys to the computer modeling of engine transients are (1)
the establishment and gradual perfection of the mathematical model
c¢f varilous parts of the engine. For instance, there are now more
than a dozen computational models for the ccmbustion chamber computa-

tional model internatlonally. We shei:ld study and analyze these
models to establish a mathematical model that fits our needs. (2)
t Develorment c¢f the commonly used computer programs (including the

study of the c~-mputational methods). (3) Supply of experimental
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ti1l difficult to

data for the various parts. For instance, i¢ is s
find the flow coefficlent-time curve 2nd the degree cf openness vs.

time curve during valve opening and :zlosing. Much werk needs to be
done before comrufer modeling of engine transients can be perfected
and used in practice. In this paper, we hav: only provided a rough
outline. We welcome your criticism so that the worxk of computer
modeling may be further developed.
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REPEATED TRIAL OF GUIDANCE IN SPACE VEHICLES

He Lucheng

ABSTRACT

This article covers the advantages of the repeated
method and the applications of the repeated method in
strap-down inertial system. The differences of this
method with those described in the previous article [17,
2] are:

1. UNot only the reliabllity of the system, but also
the accuracy of the system will be improved.

2. The key components which affect the accuracy

in zuldance shculd be rerpeatedly fit in the optimum
=2 < L

direcrions and those which affect reliabiliity should be
considered to be in the orthogonal or non-orthogonal

repeated method.

3. This articlie provides the method of inspecting
fallure by means of range and derives the formulae of
zalculating accuracy and effectiveness. This method
will make calculation simple and work of the system rell-

atle.

4, Applying the theory mentioned abcocve, the error
in guidance willl be decreased by :%; and the ineffect-
iveness can also be decreased by two orders of magnitude,
if 2 longitudinal accelerator and a two-~freedom gyro are
added to the strap-down gulidance device.

I. Formulation of the problem

Repeated trilal methods may be used to enhance the accuracy of

space vehlcle guldance by compensating for systematic errors and
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reducing random errors. The repeated trial method i1s not simply to
enhance the accuracy by the T method. It also compensates for
the unknown systematic errors (gyr- acceleration meters are in-
stalled with one normal and the other reversed and backward, so

that when the data from the two meters are averaged, systematic
errors are compensated) and cancels rolling error. The more import-
ant advantage of the repeated trial method 1s to improve reliability,
as unreliability is potentially more harmful. The strap-down method
eliminates the constant level platform and its stabilizing system.
As electronic computers are belng perfected and miniaturized, the
welght and size of the strap-down inertial system may be made very
small. The most important advantage of the strap-down inertial
system 1s the ease in using the repeated trial method which greatly
improves religbility.

IT. Several reveated trials method

-

1. Arithmetic average method

In order to understand the advantages and disadvantages of

va

]

ious repeated trial methods, we shall first describe the error

oroovability model of a single inertial assembly. For example, the
error model of a gyro is
X
S= Z(Q,.+G),.)‘:'.=G.'W+G.W ( /)
=] .
where "." means vector dot product, i.e., A-V=3x.y

W, 1s the environmental factor, including the d;érload acceleration
exrerienced by the sensor, as well as the ccupling cf accelerations
alcng other directions, ard such environmental stresses as tempera-
ture rise, vibrations and gas rressure.

@..@., are the uncorrected error coefficient values correspond-
ing to the environmental stress. o, is the mathematical expect-
atlion, referred to below as regular error; &@. 1s the random part.

S, 1s the system output error.

1
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Under the action of some environmental stresses, it 1s necess-
ary to take the absolute value of some errors which can be trans-
fermed into regular errors and randcem errors. If the errors are
inderendent and are ccmposed of many small disturbances, then the

error model may be written as
m=E[S]l=g, W ('2 )

a,\/i(d..-u'.)’ ( 3)

1=

According to the Central Limit Theorem, normal distributicn
N{m, o) must be satisfied. Many trials are performed on the same
element under the influence of each environmental stress on the
ground. Each environmental stress Is

mimr.o, (+)

m, sometimes may be several times that of O~
We try to find m to make corrections by vsing as much as poss-
ible the data of many trials and from ground signals, but sometimes
it is not easy. However, if we use an even number of basically
identical elements, with half of them normal and the cther half
sed and backward, and then average the measured data, then the
gular errors will be mostly cancelled and random error reduced. If
the number

o)
&

repetitions is n, then the random error will be

Fal
reduced to -%,
a'n
used cn a certain object without toc many measurements, any anoma-

When this simple arithmetic averaging method is

lous data can generally be detected by inspection. But for unmanned
automatic guidance systems, any faulty data or data with large
deviaticns must be instantly detected. The normal data are then
averaged so that the accuracy and reliability of the system may be
guaranteed. Otherwlse, the average will be in error even if there
should only be one plece of data with fault or with large deviations
and the whole system may become ineffectlve. 1In this way, the
ineffectiveness may be increased n times. The improvement of accuracy
actually means the improvement of the probability of a successful
mission, but arithmetic averaging may increase ineffectiveness.
Sometimes the loss may be more than the gain.
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In order tc overcome the shortcomings of the arithmetic aver-
aging method, the 0-1 checking method is proposed, in which data
with large deviations are automatically detected and isolated.

The basic logic 1s to permutate the data according to software
programs and to subtract in pairs. When the difference exceeds a
certain value, 1 is assigned; otherwise 0 1s assigned. Then the

[

ocaticn of an error 1s found based on the way 1's appear and is

(9]

K]

$ 2
)
i

rdel, 1

In the strap-down guidance system, an orthogonal coordinate
system 1s fixed on the vehlcle. Each axis must complete automatic
fault checking with respect to three fixed acceleration meters and
three single-freedom gyreos. In this way, the number of elements is
increased three-fold. To reduce the number of elements, a regular
dodecahedron scheme was proposed in reference [1] znd & non-ortho-
zonal system was provosed in reference [2]. Both of these will

reduce the number of elements from three times to two times or less.

2. Dodecahedron method

Let Oxyz be a coordinate system fixed to the vehicle. The
meter input axis is fixed to six axes u, uy - uy . U
the xy plane making angles +a and -a with the x—axi;. Uy U Uy, u,
are similiar as shown in the diagram.

Let ¢€e=cosa,s=sing, . Then the visual acceleration 1.6,.a,
of the vehicle may b2 analyced as

Iun =Cca,—s58y+b,
Y,=c08,+35a,+ 5,

{
U,=cq, —~ sa,+ b.

U,=cay+sa,+b, -
{U.-ca,-:a.+b, (J )

Ug=ca,+ 33,4 b,
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or in matrix notation g=Ad:+3
where b 1s the error matrix, U is the measurement matrix, A is the
transformation matrix, X is the ballistic motion state. If the u
dara of the various meters are
all normal, then by the least
square method

r=(AT4)"' 45 ( ¢ )
Theoreticalilly, to solve three
urkncwns with six equations,
ax,ay,az, a fault may be per-
mitted to occur for three mea-
sured data. Reference [1]
listed the fault data detection

method. For example, from the

u,and u,data in eguation (5),

2
§ we can estimate =il
2cosa ’ .
and from u5 ard Ug in equation

4. = We can estimate

_ Ug—n,

2Aina”

If the difference between the 2 ﬁx exceeds the allowed range, then
one ¢or mere of dps Us, u5 and ug are faulity. The same holds for the
other u's. Finally, the fault location may be determined. If no
more than Shree pleces of data are faulty in equation (5), then the
computer orogram will check osut the faulty eguaton and discard it.
Then the least sgquare method 1s used again to solve for ax,ay,az.

"
3. Non—ortﬁ&gcnal system method (2]

An obligue set of axes 1s selected with unit vectors ei, eg, e%
which satisfy
e-e;=0
MR when 1 # j
‘e,"e:‘* l 3

i.e., the three axes are nelther colinear nor mutually perpendicular.

This 1s called a non-orthogonal system.




A unique reciprocal system €l.¢j.c], may be determined for this
non-orthogonal system satisfying the following relations:

cosa,, when 1 = j§

c,"c,'-{ o

when 1 # j

l.e., ¢y is perpendicular to the plane formed by e2, e% and form an
angle a with ei. ei is perpendicular to the plane formed by cg and
c%. The other cases follow similarly. cos a, is the direction

cosine of the corresponding axls.

The gyro or acceleration meter 1s fixed on the vehicle along
the six axes €/.el. el cl.ele? . The data measured are Qdi=e, e,.¢,.c,c.0,),
respectively. Assume that there exists a spaces vectcr o, then the
nrojections of the vecteor o along the six axes are Qu=a-¢ ;. Q.=a-¢c

measured by the meters on them. w may te decomposed into three

components along el.et.e! directions with size ®.&.¢, . Similarly,
it may be decomposed along the ¢€'.€1.¢} directions with sizes
€,.6;.6,, . From equation (7), we know that ¢, and cq are normal to
e,. Hence, Qi=mc,cosa,. Similarly
Qﬂ a cosa, 0 0 -i c|1'
Q,,J—-—* 0 cosa, 0 c,, {(8)
gl lo 0 cuq ] la]
Equation (8) may be written in matrix form Q.=DC, 36
or C=Dq, (9)
Similarly 2,=DE, or
E=D"'Q, (10)
The angles 235,25 a between the three axes ef.e’.e! of the
1 3, 31

non-orthogonal system are known and should be original parameters.
The measured valuesf.. ...4.. may also be expressed as the sum of
the projections along this measurement axis of the three components

e4€55€3.
2,77 1 cosa,, coso,, | fe, e,
Q. |=| cosa,, 1 cos 5 e, |=Tle, (11)
Qu] L cos a,, cosa, 1 e, e,
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Substituting equation (10) into equation (11), we get the value Qe
fr-m which Qe is estimated with the measured value Qc.

i ﬁl‘ 'Q:l
A, |=TD | Q.. (12)
: éca - Qc!

0=DE, according to equatlon {(11), E=T"'Qe. hence

a., 2.7 .
[a"J-DT-‘ Q.. J (AJ)
LB Q.

After the angles aij of the nen-orthogonal system are determined,
al,ag,a3 may be uniguely determined through solid geometrical rela-
tions. The difference ¢, between the estimated value Qi and the

i
measured value Q, may be formed from equations (12) and (12)

&=~ i=e€, .€,.6,.C .C.Cs, (14)
A critical region W, may be set udp so that if easW, it is
normal and &= but 17 le|>W, then it is faulty and &=l

irQ 1s faulty, then according to equations (12) and (13)

{‘l~¢--3n¢| =1

&,.¢, = 0

The other cases are similar. Based on the regularity of the
gpearance of 0-1, we can determine and isolate the fault of any
gyro.

The c-mmon weakness of the dodecahedron met10d and the non-
orthogonal method 1is: '

(1) The principal environmental stresses have not been taken
into consideration. For example, the visual acceleration wxl along
the longlitudinal axis is more important for the vehicle, while the
visual accerlations wyl, 17 1 along the transverse axes are very

yA
small.

Let the constant drift of a certain gyro with two degrees of
freedom to be 1°/hr, and 1ts overload drift to be 1°/hr g,+ When
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applied to an ICBM, the spread caused is shown in Table 1.

rassRPesn | x { ” | .

@y, Dy, LY @y [ @Dy,

‘ ﬂ'&’&!‘ao i K.+K.W1|+K|W" l Ku"’xnﬁn'.'xxwu I K.+K|"|I+K.fv"

J mman
7 siRRBHERR K. | & W, w., b, .,
‘ sigma (2l) 5 | s93 ™ 1.4 1.4 1.4

l==direction of the angular momentum H; Z--angular drift formula;
3--measured angular accelertion; U--the principal term causing the
drift; S5--induced spread

from the above table, it can be seen that the ¥, 8yro measures
. ancd the z ro measures w_ .. their 2
;2 1 EByro meas S g1 1° 27
rors are twice that of the x, gyro. If the direction of the ang-

1
ular moment H of the x, gyrc deviates frcm the x, axls, then the
. 4 L

Due to the effect of wx

component wxl will be invelved, causing a larger =rror, while the
errors for the y, gyro and the Z, gyro can cenly be minimized in mea-
suring Wer Similar situaticns hold true for the acceleration meter
also. Accordingly, large err-rs will be introducsd through the use
cf a non-orthogonal coordinate system or dodeczhedron which should
only pe usaed when accuracy 1s not a concern. The kev element affect-
ing guldance accuracy (such as longitudinal arcelzration meter’®
should have multiple installations along the optimal direction sc
that accuracy and reliability may be effectively enrhanced. The
transverse acceleration meter 1s not a key element and may be cut
off when it becomes faulty without much 2ffe~t. Hence, there is nc
need f{or duplication.

(2) Use of dodecahedron or non-orthcrsonal coordinate system
methods may easily produce a wrong diagnesis. If +wo fault data ,

are not very different among n pieces of data cor one plece of data
with large deviations 1s not much different from another pilece of

t normal data but very different from other pleres of data, then
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confusion will appear in the 0-1 combinations. In prarticular, when
installation directions are not the same, some meters are more sen-

sitive to environmental stresses, thus causing even more confusion.

(3) The computation is more complicated when one uses the
dodecahedron or the non-orthogonal coordinate system method.

Due to the above mentioned causes, we propose in this paper
that by installing multiple units of key elements along optimal
directions, both accuracy and reliability will be enhanced. Atti-
tude stabilizing systems may be duplicated orthogonally or non-
orthogonally to enhance only reliability without duplicating the
secondary parts. The method for fault-checking will be described

helow:
III. Tault-checking by polar difference
L. ?rinciple of checking by volar difference

There are generally two forms of gyro error, one with no output
{oroken 1line, broken electric source) and the other the fast rota-
Tion phenomencr {(damaged meter or appearance of extremely large
positive or negative deviations). The first type of faults is easy
o check. If there is no positive or negative pulse from a dynamic
pressure gyro (no voltage after rectificaticn), then it means a
broken line or broken electric power source. To check for the fast
rotation phenomenon, it 1s simpler to use the polar difference
methed.

Under the same conditions, because the data have random errors,

,— 3 » -~ e
the largest value X max and the smallest value Xoin

7alues KyskoseoosXy are also random. The polar difference W for this

of n measured

set of measurements 1s
W=xlll_x-il

The sample polar difference is a random variable. Let it be after
WHS(X-“—Z.“)/O

after normalization.
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Let the real values c¢f a3 specific set of measurements be
represented by
We=(%us~x..)/0 (15)
Now let a certain critvical region ¥, be aefinzd. If W. >,
then we consider the data to be faulty. If HW,.<W., | ‘hen we

conslider the n pieces of data are all normal.

Under the condition that the volume 1s n, the probability model
that the random polar difference wO is greater than some assumed
value W may be derived with a multinomial distribution formula.

Let the probability density function of x be ©{x). Let n data
be measured, any one of which has the same probabilicy of falling
an the smallest value. Let this value be x. Its probability is
The other n-1 data will all fall in the range [x,x+W] with

e [faem - \ . .
pcrocacilizy [.j f(u)du ]' . A3 x varies in tne range —co~+oc

P
then the probarilitfy that n data satisfy the polar difference is
- Fa+w -rl-l e “ 2 -}
u{ ](x)l f(u)du ) . Its complementary event is that one or
— joy
more of the n data wlll fall outside the polar difference W_ with
et 1

a
probabilisy P(W>w,'>» . L it be a, i.e.,

P(W>W,], )=1-—-n§' f(0) Lf ‘fydu T dx=a (/‘)

-

In the above eguation, if a is specified, then there is only

(Wes
n

one unknown Wa left. The result of solving the =guation is shown
in Tabls 2 [3]. That is to say that with normal data it'<!t,
If >l , then we have a small probability event (one teossitility
is sudden ineffectiveness, and the other is large deviation).

should then discard the pair of data x X . Cne of the twn

“min’“max
data may be a nermal one. Weouldn't it be a waste to dis-

-~

pleces of
card 1t? It may be proved in sequential statistical theory that when
the errors of the peripheral terms are large, there is no advantarce

in including them for accuracy calculations. Cn the cther hand, by
discarding them we may achleve two goals: (1) reliability will be
improved by discarding 1neffective data; (2) accuracy will be enhanced
by discarding data with large errors. After the first round of




\\ ; 2 3 4 5 6 7 8 9
T
a |
S
0.05 | 2.77 33 363 3.87 4.03 4.17 4.28 439
i
- ‘I ———
0.10 ; 2.33 2 .90 3.24 248 3.86 3.8] 302 404

0.18 | 2.04 2.63 2.98 3.3 3.42 3.57 3.70 3.81

checking, the ineffectiveness will have been lowered by several
crders of magnitude. For if to be further lowered, the remaining
data may be checked for a second time with critical region deter-
mined by the method in [3].

For example, when sample volume n = U4 (with four acceleration
meters), take a = 0.1 to get W, o= 3.24 from the table. Thus, the r
rrobability that the polar difference is greater than 3.24 o should
be less than 10%. Hence, we discard this pair of data. If the
Sensors pc¢ssess a regular error yo with half installed normally and
the other half reversed and backward, then the critical region mayv
be taken as wa = (3.24 + 2y)ag.

a Is to be determined according to the actual situation. If a
is too large, then tyve 1 error will be made (treating normal data
as abnormal) with a high probability, while if a2 is too small, then
it is easy to introduce data with large deviations, therefore, com-
mitting a type 2 error.

After polar difference checking with faulty data or data with
large deviation discarcded, the unreliasbility defect of the ari<h-
metic averaging method will be solved.

2. 1Ineffectiveness checking using polar difference

In n pleces of data measured by n instruments, at least (n+l)/2
(take integer value) will be ineffective and at least (n+l)/2
ineffective data will all be either greater or smaller than the real
values, l.e., the system will fail when all the errors are ocne-sided.
(Note: this situation 1s hard to check even with 0-1 checking since
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the data with a large deviation may be close to one another). The
probability that each data is larger or smaller is respectively 1/2.
For (n+l1)/2 or at least (n+l)/2 ineffective data to be one-sided,
the formula for the total probability that the system be ineffect-
lveness Is

39

(17)

n+l]+]

(5

(l +C,

Ordilnarily n 1s no= toc large. When the ineffectiveness of an
individual instrument to be less than a few percent, eguation (17)
may be simpiified as

SC I e

C.[Jii]q (18)
2

It should be explained that when the polar difference is out-

1
Q;‘z

side the critical region for n = 2, 1f data closer to the theoretical
standard is selected, then the system will fail only when both data
are ineffective. This is an exception to equation (18).

TABLE 3
I
" i 1 2 3 s s o 7 s 9 10
|
1 I 2 ] 3 _‘il ,_‘2_. ._..‘_l _!‘_'
Q, | q q 1.5¢ iq 2.5¢ Sq¢* s 9 s ¢ 9
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If the rate of failure of a single instrument is 1%, then with

+1
n instruments, the rate of failure will be lowered by 2[1?“]‘1

order of magnitude.

2. The accuracy 1in averaging the normal data after polar difference
checking.

Element fallure may be divided into two types. Cne is sudden
failure, meaning that a fast rotation is caused by the failure of
one part. The other 1s property fallure, meaning that error may
become larger than the critical range W due to the accumulation cf
random interference with the same sign. The former is discussed
under reliablility in equation (17), while the latter is discussed
under accuracy analysis, derived as follows.

Let n numbers be measured. Two cases wilill be differentiated.
One case 1s that polar difference checking is ncrmal. The probabi-
lity of cccurrence of this case is 1-0. After arithmetic averaging,

the mean sqguare deviation is ¢ the other case is fhat polar

l-a’
difference checking has not passed. The probability of cccurrence
fecr this case is a. If the disgualified data are not discarded,
the mean square deviation after averaging is O,

The above two cases ccmbine to be ordinary arithmetic averaging,

namely,

—(,’—"x/ai-.(l—a)‘i-a.‘a (19)
a'n
Apparently

0> -
~/'>0,_. (20)

If polar difference checking has failed, after discarding th
disgualified data, the mean square deviation after averaging is o
Let us discuss the worst condition for Oy- The worst situation 1
to select the median of the sequential data (i.e., arranging the
data sequentially from small to large, take the middle value for odd
number of values, and the average of the middle two values for even
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number of data). In reference [4], it is proved that n < 10 the
worst situation .0-=IJ:;; . From (6] page 421 example 6-2, it is

also proved that the mathematical expectation and sguare deviation

of a simple median approach 1s respectively m and ;#o’ . From

this one obtains

als ry e = 25 —
vz 7 hB; (21)
Hence, the worst c~mbined mean square deviation g, is

_ 1

gt - 5:.9° O _g+1.25°
a,=\'°‘-'(l a) +1.25 —% <V h {1—-a+1.25%a]l

If we let a = 0.1, then

52
v (22)

Prom this 1t may be concluded that polar difference checking
has greatly enhanced reliability, with accuracy approaching that of

arichmetic averaging, i1.e., by A times with the worst case not

A n
to exceed 1.025

& n

IV. Exanples
Zxample 1. Method with three sets of duplications

Method 1. The middle value 1s selected directly without polar
difrerence checking. For instance, integrate the vehicle accelera-
tiorn with three acceleration integrators. When the present velocity
is reached, an engine shut-off command is issued. As there exist
random errors in all three integratcrs, the issuing of the engine
shut=cf{ commands will not be at the same time. Only when the second
command has bteern recelived will the engine be actually shut down. Here
the computatlconal setup may be saved, since polar difference checking
is not necessary.

Method 2. Arrange the data measured 1n real time from small to
large as xl,xz,x3.

. 11’7

‘zp—&,~0. take x

and when < vyr
’. Z,—Z|’::'l ¢

o3

take xm= ;—(x. +x.4+x,)
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Method 3. Select x=%§(xr+xr+xa without checking. The three
methods are compared as follows:

/ 2, K} [y
™ o " samiwsy Ao a |7 msew
HHE o, c ’ 0.5770 0.68980 0.5770
© xux Q, J ) ’ 3 1.5¢° 1.5¢*

l--single meter; Z2--ordinary arithmetic averaging; 3--median value;
4--polar difference checking; 5--mean square difference o_;
6--failure rate Qp b

gxample 2. With four duplication sets, the accuracy with averaging
after polar difference checking 1s enhanced one fold comparing to
that of a single meter. The failure rate is 3q2. It should be
pointed out that when there exist unknown regular errors for the
single meter, there are two factors m and ¢ in measuring the accuracy
of the single meter. Now the probability for satisfying the condi-
vion that the maximum error is to be within the range Zmax is 99.3%.
If the regular error m = 0, then the single meter accuracy is
required to be o=Zmax/2.7. When m ¥ 0, what should be the single
meter accuracy 02 so that the requirement that the probability

range be within the allowed limits may be satisfied? Let m = ro

o, = Bo, the following equation should be satisfied

1.%0 1 ~(x—=yfo)12(fo)
I TrrEe dx=99.3%

-2,

which may be solved to get

y l 0 0.5 0.8

-] l 1 0.911 0.82¢

With four 1identical elements, half of it installed normally and
the other nhalf reversed and backward, the regular error 1s basically
eliminated. With polar difference checklng average, the random error
is halved, so that the accuracy 1s enhanced to
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L ]
v 0 0.5 o8
accuracy
0. 0.456 0.412
enhancement s

In space vehicle design, the guidance error caused by the error
in the longitudinal axis acceleration meter is one order of magni-
tude larger than in other directions. If we install four duplicate
meters in this direction, the accuracy of the whole system will be
equlvalently enhanced one fold, and the accuracy is also greatly
enhanced.

Example 3. Realistic duplication method of strap-down guidance sys-
tem. Duplicate signals for pitch, yaw and roll angles may be mea-
sured with three gyros with two degrees of freedom. Duplicate signals
for longltudinal acceleration may be measured with two longitudinal

3 acceleration meters. A transverse acceleration meter is secondarily
important and will not be duplicated. When the duplicate signal
polar difference exceeds the critical value, the data closer to the
theoretizal standard will be selected. When the polar difference is
less than or equal to the critical value, the average of :he two values
is selected. 1In this way, although one acceleratlon meter and cnre
gyro with two degrees of freedom are added, the guidance error is
reduced by :}; times, and the fallure rate by two orders of magni-
tude. When this kind of setup 1s installed in vehicles with a fast
engine propeller, there willl be no need to change elements if it
should be discovered before launching that some inertial element may
be faulty so that time will not be 1lcst.
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DISCUSSION 50

THE RESEARCH OF THE PROJECT FOR ADJUSTING THE
THRUST OF SOLID ROCKET PROPULSOR

Xu Wengan |07, sl .rg2-.
Abstract / ro o0 'C,

A conception of adjustable solid propellant rocket motor was proposed. It is going to be
achieved through the use of propeilants having negative pressure exponent n. In this paper,
the feasibility of the technique and characters of adjustment were discussed. Other advantages
of the propellent with a negative pressure exponent were also presented.

SYMBOL TABLE ﬁ
Y A '3 ;

Ab combustion surface area Pc combustion chamber pressure
At Jet throat area r combustion rate
a combustion rate coeffi- t time

% clenv u(t) unit step function
¢ characteristic speed ' combustion chamber volume
Cr thrust coefficient aC (=2/pc) propellant thermal
ui(;=l,2) constants diffusion rate
F thrust r function of k
Foax maximum thrust €(») static difference
Fo given thrust Ai(i=l,2) constant coefficients
e specific heat ratio of o fuel vapor density

fuel vapor

o] propellant density
( (1=1,2) constant coefficlents p

. (including those with o superharmonics

' superscript ",",",",) 15.05 transition time
n combustion pressure

. index

|
I. Introduction

Much work has been done both internationally and domestically on
the thrust control of solid propellant rocket engines, resulting in
the development of such direction control systems and thrust termin-
ation mechanisms based on various action principles as "inclined
flow ring", "rotating Jet", "vibrating jet”, "soft Jet", "liquid

float jet" and "secondary injecticn" of liquld of fuel vapor, etc.
¥Received o Jeptember 17235C
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However, there 1is as yet no gocd and practical method for regulat-

ing the strength of thrust. Although there have been some proposals
such as "layered englne" to inject certain liquids into the combus-
tion chamber and some preliminary attempts in applying methods of
installing a regulating cone in the jet or making use of propellant
with n greater than 0 and close to 1 with a mechanical rotating

valve based on propellants with positive pressure coefficients 1}

[2], yet little prospect can be seen due to the complexity in the
structure and the bad weight and service properties. Ly

In this paper, we shall attempt to investigate the possibility
of Solving this problem by using new propellants with pressure coeffi-
cient less than 0, but absolute value greater than 1 (for convenience
of discussion, we shall call them by the name "high negative pressure”
propellant).

II. The feasibility and advantage of implementing thrust control
by "high negative pressure propellant”

Wwhy do we want to study this kind of propellant? Will this

kind of propellant provide the feasibility of implementing thrust
regulation? What are the advantages? Apparently, these questions
should be answered first. As is well known, when the combustion rate
obeys the equation r = api, and the sound speed flow exists in the
jet throat, the balanced pressure and the corresgonding thrust of
the solid fuel rocket engine combustion chamber may be expressed
with the two equations below:

P,=(P,-C‘%-a)“%’r (1)

F=C'P¢A1 (2)

From the equations above, 1t can be seen that once the propell-
ant has been selected, the only effective way to regulate the thrust
is to vary the parameters Ab and At’ Of the two, the parameter that

allows one to randomly vary 1t by simple means (i.e., the kind of
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vparameter that is varied not according to a preset program, but
according to current need) 1is basically the jet nozzle throat area
A

obtalin the equations below as the basic equations in this paper:

- Hence, we shall vary equations (1) and (2) simultaneously to

L
-1

P.=K A" (3)
N

Al"—'(‘{:“) " (4)

P.=K F (3)

where

K|=(p;-C.-Ab.a‘;T‘;
K1=CF'K,

-

KJ=K| 'K,-

When the propellant 1s already determined and the combustion
area Ab is a constant, it 1s apparentiy permissible to use K1 as a
constant in the analysis. CF is also obviously a function of Ab/At
and Pc, but in the confines of our discussion here, it may be taken
approximately as a constant. Thus, we shall treat KZ’ K3 approxi-
mately as constants below. In this way, by differentiating logar-

ithmically both sides of the equations above, we obtain

dp. 1 dd,_ (6)
pc n—1 .4,
(7)
A, F
dp. _ 1 _dF_ (%)

P n F

From equations (5) or (8), we know that in order tc regulate the
thrust, it wlll be necessary to alter the pressure in the ccmbustion
chamber. But when the variation in pressure becomes unacceptable in
practice, the regulation of the thrust willl also become an empty
dream. Hence, we must try to minimize the pressure variation of
the combustion chamber during thrust regulation (thus taking full
advantage of the structural strength of the engine), and maximize
the absolute value of n. For example, when the pressure index n =
0.75, the pressure must be increased 16 times or 6.34 times,
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respectively, in order to increase the thrust by 8 or 4 times.
Changes of this magnitude will naturally lower the welght property
of the englne when we want to make sure that it will operate under
the highest pressure. This 1s also the point of vulnerability in
some of the experiments and design reported in some countries.

But when n = =2, to increase the thrust by the same factor, the
pressure needs to be reduced only to 1/3.83 or 1/2 of the original
pressure. Obviously, the situation 1s greatly improved and the
combustion chamber pressure variation significantly reduced.

From the above consideration, it is apparent that the larger
|n| is, the better. However, in order to keep the engine operating
stably, a n value wlth absolute value greater than 1 cannot be
positive because when the flow rate of the engine is equal to the
rate of generation of the fuel vapor, it operates under equilibrium
pressure (ocb) and for this equilibrium, like all other equilibrium
problems, there exist stable, unstable and neutral states. If due

to the effect of some random rfactor the combustion chamber pressure

deviates from the equillbrium pressure P then will there be a

’
tendency to diminish this deviation, or gbtendency to increase this
deviation? Or will equilibrium be established under the new condi-
tions? These are then the difference between the three types of

egquiliobria. For the engine to cperate stably, we must have stable

equilibrium. The mathematical expression for this analysis may be:

d (_ﬂ_e“)@m

—d_l’:— ae
e e AP
where %’7\—=' ;E:‘ -L(Pp—P‘)Agaf el

* (e T oo~
| ; -

At the equilibrium point, we have
(Pr=P)Asap"= Bl
Substltuting into the above equation, we obtailn
d dp. rc* A
* DI (NN A = e 2O -
dp. ( de ) 77, ¢ein=il

Also because rse= o4,
v, ey >0
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Hence in order that

d dp.

dp,( d: )<0
We must let n-1<20 46
i.e., n <1

This may be seen intuitively from Figure 1.

o * . % m.lﬂ
e ‘T‘ " ﬁ'q- *
a1
E
TR T I
!
|
| l
j : |
l m\l* ,l *
(LA ) ""tl h
3 | | <o
‘ 1 1
14 [ P: P, P, P: [
Fizgure 1 Figure 2
#Translator's note: illegitle in “oreirn text.

rfence, we should use "high negative pressure index" propellant
so as to minimize the variation of the combustion chamber pressure
during thrust regulation.

\l) d dc 1 -
Crop neos 22y W5 (—j}_) is just uii common mathematical expression
o i a5 >0, since the former may become
d'e

d 1
i (—=) <o l.e. ST
| iz (79'7) (=)
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At the came time, differentiating both »sides of equation (1)
logarithmically, we Tind from equations (1), (2) that

dp. _ 1 T dp, _ dC* . dA, _ dA, . d.
P, l=n L P, T A, -—'.71.—-+ a :] (?)

It can be seen that fluctuations in the parameters #,.C*.4. A4, a
induced by some factor will also cause the combustion chamber press-
ure pc and the thrust F to fluctuate and when the relative fluctua-
ticn of the former is fixed, that of the latter will decrease with
decreasing n value. In practice, among the above parameters (i.e.,

Py.C* Ay A0 the combustion rate coefficient a fluctuates the most.
Based on the demand of practical fuel rod production, 1t is often
permitted to vary over a wide range. For example, in the two typlcal
ways of preparing mixture propellant, the values of Aa/a are speci-
fied respectively to be about 0.07 and 0.02 which is already fairly
difficult in the industry. But if n = 0.75, then together with the
fluctuations of cther parameters, Apc/pC may .each asg tigh ss 0.28
and over 0.08, respectively. However, if n = -2, then Apc/pc will
be respectively reduced to 0.023 and 0.007. The advantage is obvious.
It can significantly decrease the fluctuation iIn the combustion
chamber pressure and the spread of engine thrust.

Besides the effsct of AAb/Ab on Apc/pC can also be reduced
significantly, thus permitting the design of fuel rods with large
area ratio to increase the fuel insertion density of the engine.

Summarizing the above discussions, as shown in Figure 2, by
using a new "high negative pressure index" propellant, it is possi-
ble to regulate thrust within a wide range without altering the b7
current basic structure of the solid propellant rocket engine. It
alsc possesses the advantage of reducing the fluctuaticon in combus-

tion chamber pressure and the spread in engine thrust and increasing
the density of fuel rod insertion.

Of course, in order to Implement the regulation of thrust, it

1s also necessary to be able to regulate over a wide range the area
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of the nozzle throat. It can be observed from equations (4) and

(7) that when n < 0 and |n| > 1, one needs to vary the nozzle throat
area A over a large range to obtain the required thrust regulation
range. In the two examples cited, the thrust is increased eight-
fold in both cases. For n = 0.75, A needs only be reduced by one-
half, while for n = -2, A needs to be increased by more than 22.6
times 1ts original value. This is inconceivable in the ordinary
design of the mechanical regulation of nozzle throat area. But this
is not a2 problem when "vortex flow valve" of the flow control type

1s used. As the energy of the propellant is improved constantly,

it Iis cnly through the flow control technology that the nozzle

throat area (hence the flow volume) may be regulated under the bad
working condition of the nozzle thrcat. Hence, theoretically this
need 1s not an impediment to the implenetation of thrust regulation
in our desizn. Cn the contrary, it actually provides the feasibility
that, as one part of the automatic regulation system, it will achieve
the accuracy and statlc characteristics desired.

IZI. Tan "high negative pressure index" propellant be obtained?

imited by the study, we are not yet able toc give a quantitative
analysis tased on combustion mechanism. We shall only mention the
following points as a basis in our discussion:

1. Propellants with n < 0 already exist not only theoretically, but
also 1in practice. 1In one preparation, a pressure range of 50-70
kg/cm and pressure index n = -0.825 has been achieved.

_———

In the rerorts on double~base platform propellant and mixed
material propellant overseas, the so-called "mesa effect [3,5] with
n < 0 has appeared. Recently, there have been reports on mixed
material propellant with n < 0 and even n = =4.0 [(4]. This demon-
strates that it 1s feasible and practical to obtain "high negative
pressure index" propellants.
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2. In many foreign references, [1,4,5,6], the mechanism of the
"mesa effect" in the combustion of mixed material solid propellant
has been discussed.

(1) From the microfilm of the combustion surface after exper-
imental ignition shut-off, it can be observed that at low pressure
(less than 30 kg/cm), the surface of ammonium chlorate (Ap) crystals
is convex, since the thermal dissociation of the adhesive under
this condition is faster than that of Ap, while at high pressures
(greater than 30 kg/cm), the surface has concave pits, indicating
that the Ap crystals are consumed faster [1].

(2) p-amino ester (pU) is different from the adhesive carboxyl
p-butadiene (CTPB) in that it already becomes very fluidized before
“he temperature for its rapid dissocciation is reached, while the
§ latter is a highly adhesive foamy rluid. Under high pressure, local
gquenching [1,%4,5,0] will occur when an easily fluidized adhesive
flows over and covers the surface of Ar crystals that dips below

the combustion surface.

(3) It has been observed with the movie camera method that
irregular pulsed combustion with partial quenching has appeared in
platform propellants. The area of this local guenching as z frac-
tion of the total area determines the degree of decrease of the com-
bustlon rate averaged over the whole combustion surface. The depen-
dence of this fraction on the pressure is what causes the decrease
of the pressure index n untll the appearance of the "mesa" effect
with n < 0 [1,4,5].

(4) When salt that melts easily such as (NHM)QSOM is added
to the propellant as combustlon speed regulator, the local quench-
ing phenomencn can also be induced. Or the dissociation of NHuClOu
may be suppressed [4] due to the NHZ ions and a deep thermal poten-
tial hill.
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3. In [4], a physical plcture verified by some expeirmental obser-
vations 1s proposed for the combustion process of this kind of pro-

pellant. !

An engine experiment using 80 1b. of propellant with n = =2.5

is also reportved.

IV. Preliminary analysls of some regulatory vroperties 48

Fer the overall cycle of thrust auto-regulating systems, the
regulation of the engine 1is only one 1link. However, 1ts regulatory

u
preperties obviously should be analyzed.

For convenience, let us assume that the combustion rate still

the law r = aof during the regulatory process, that at all

O
o
(13
<
[42]

~_-
<t
b

Imes sound velocity flow exlsts z% the nczzle throat, and that the

w

o]
"3

essure in the c¢combustion chamber is the same everywhere and is also

w
)

[t}
@]

1Y TO tne tressure at the nozzle inlet. Thus, we get frcm the

)

-
-

ntinuity ecuaticn of the fuel vapor:

dp, _ [7(e T R Y
dgain by dirfferentiating eqguation (2) logarithmically with C, a !
‘ censtant, we get !
dF _ dr _ dd,
o pt’ All
and
!
1o JuF _ 1 ee 1 L, (11) !
de n. de 1 de

By solving simultanecusly equations (2), (10) and (11), we can i
obtaln the dynamic egquation for this part as |

_1 R -(_iF‘_= .’\“( F )"-I _ A’,‘-f' ".--l— dA' (12)

—I/ A, Tdd

l where
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K = F!C'.—’"- (pp - p: )'4!‘0C|F— )

=g

When the 1input is a unit step function, i.e., At = At +ult)
A_. 15 the nozzle throat area before the unit step functidn action)
appgrently dAt/dt = 0 and u(t) = 1 for t > 0. By differentiating

—_

equation (12), we get

dF Ll Ll

T+A1F=A|F'
where

Ki=—0X

K:=K,[A4,+1]

The differential equation cbtained for this unit transition
oprocess, equation (13), is a typical Bernoulll equaticn. Hence,
its solution may be cbtained through the methed of separation of

variables. When n ¥ 1.0,

.

- —1 ¢ ¢!
= Tomr K= KiF =

From the initial condlitions: ¢ = O+, F = 7(0), we get

C.=—(1—_—fl-)—K—;au._K;—K;iF(o>: !
Therefore, L9
el K= KF@
(l—=n)K, K\=-K,F-*

: Ll%)

F(t)=/'.‘{I—A,exp[("—l)K;f]} 1=

. ( Ki\-!
A‘—(_z>‘-q

A=1—=(Ky/ KDIF(0)]-*

1sc since (n-1) < 0, then from (14) we get, when t ——Ppo, F(o) = X,

and A:-;_fé§%? - . Hence equation (14) may also be written as

- o
F(‘)aF(O){l-—[l-(?(%?_)) _E exp[(n—l)K}f]}T}; C/ S-)

\
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!\P‘ 0.0 —F i -
1. Transition period: by definition -MLL7%;;fEED-=0ﬁa

we get
L g tz(120.05 (7¢)

where the + and - signs correspond respectively to the situations
of 0 < n<1and n < 0.

When the relative regulation is assumed to be

_-iF(e0)-F(0)! -
‘\_———Fﬁ(oo)’—* 100% = 10%
for the cases n = 0.75 and n = =2, Ty 05 is respectively about

1.43/K5 and 0.213/K) which means that the transition period of the ‘
latter is only 1/7 of that of the fcrmer. |

2. Super-regulation: From equation (1l4), we get Frax = Mp- There-

fore, by definiticn the super-regulation is

— F--I_F(m) . =0
o= F(o0) 100% =0.

3. Static diffevrence: Freom the civen value Fo=P -CrlA, ru(1)]

r , A
and }'“'-”!u(p,—-p‘)'c. A,,-é-u(t) .q -lé'l_,
. 1
we can cbtainFn={{%f}l—n=FKw) . Therefore, by definition, the
i static aiflersance ;(m)=_\.&:;_(i°l_‘_.-100%=-0 . (In the above ch is
! 2

the static equilibrium pressure corresrending to a given thrust).

When the pressure changes rapidly, the combustion rate 1Is no
lcnger only a function of the pressure, but 1s also a function of

the rate of change of the pressure, e.g., raap:(1+.7£1*~ éﬁg)

a'plt  di /¢
(If we assume that the empirical equation can still be used for n <
0, we can obtain by the same token the corresponding dynamlc equation

for unit step process:
¢ dF _ K'F» —KYF*

ds K:’F"'—-K:"
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When n # 1.0, its solution is

-1 " . . i dF
$= _ F,-- 2
(1-2)K; la( K- K; ) A'”.\ Fiei J F*+? )

Experiments indicate [7] that the combustion rate pressure index

ny for instantaneous pressure change will still be greater than the

pressure index n during slow change. Hence, the assumption above

that the combusticn rate during the regulatory process agress with

t = ao? is obviously going to be guite different from reality. This

&

difference may be seen from the empirical law shown in Figure 2 of
reference [4]. Therefore, the above analysis is only preliminary.
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